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Abstract

It has been widely agreed that Unmanned Combat Air Vehicle (UCAV) presents many
advantages over today manned combat aircraft, and the UCAV is being considered as an
effective and affordable weapon system in the near future. The lack of aircrew onboard
makes UCAV more desirable for use in the most danger of aerial combat missions
which the loss or capture of the aircrew would be unacceptable. Without human
onboard, the vehicle can be built, smaller, lighter, cheaper and more efficient. In
addition, the UCAV capability as a reusable platform provides a more cost effective
attack weapon over the cruise missile. As the flying wing appears to be the most
promising configuration due to aerodynamic efficiency and inherently stealthy, the
flying wing UCAYV is of particular interest for this study.

In this study, an initial sizing and optimization tool is developed for UCAYV flying wing
design to investigate the influence of design requirements and to explore the
characteristic of the flying wing type. The design tool is able to model the cranked wing
planform. The simple structure layout consisting of a front spar, a rear spar and ribs
forming a wing box is chosen with a weapon bay located undemeath a single turbofan
engine at the centerline section. The semi-analytical wing mass estimation of a cranked
wing planform is developed and employed to provide more accurate wing mass
prediction. The aerodynamic loads are evaluated using an analytical code based on the
lifting-surface theory. Longitudinal trim and static stability, and lateral and directional
stabilities and control sizing are considered in which inboard elevons are used to
provide longitudinal and lateral controls, and outboard split-drag rudders are employed
for directional control. The LSGRG2 optimizer is integrated into to the design synthesis
to obtain the optimum design. The take-off mass is taken as the objective function to be
minimized. The tool is employed to investigate the effect of stability requirement on the
design, It is found that the required static margin has a significant impact on the design
m which relaxing the static margin leads to a smaller and lighter design. The wing
sweep of the flying wing design is mainly determined by the stability requirement rather
than the typical aerodynamic requirement of the wing drag reduction at high subsonic
speed flight. The study also shows that the single leading-edge cranked planform is
more efficient for a long range (or larger payload) design due to more aerodynamic

‘efﬁciency; and flexibility to control the aircraft center of gravity. and static margin of

“the outboard wing in comparison with the straight leading-edge planform. The design
tool can be used effectively for sensitivity study to provide more insight into the design
and in turm decision making at the initial design stage.

Keyword: Aircraft design, unmanned combat air vehicle, UCAYV, flying wing



Executive Summary

Introduction:

It has been widely agreed that Unmanned Combat Air Vehicle (UCAYV) presents many
advantages over today manned combat aircraft, and the UCAV is being considered as an
effective and affordable weapon system in the near future. The lack of aircrew onboard
makes UCAV more desirable for use in the most danger of aerial combat missions
which the loss or capture of the aircrew would be unacceptable. Without human
onboard, the vehicle can be built more efficient, smaller, lighter and cheaper. In
addition, the UCAV capability as a reusable platform provides a more cost effective
attack weapon over the cruise missile.

In 1998, the Defense Advance Research Projects Agency (DARPA) and US Air Force
proposed UCAV Advanced Technology Demonstration (ATD) program to demonstrate
technical feasibility of a UCAYV system. The operational UCAV system is envisioned as
an integrated part to support the existing manned strike packages in 2010. In the UK,
the Defence Procurement Agency (DPA) is also considering UCAV as a potential
candidate system component of the Future Offensive Air System (FOAS) program for
the Tornado GR4 replacement in 2017. Several design concepts have been proposed but
mostly pointed to the tailless or flying wing design. This is mainly because the flying
wing is aerodynamically efficient and inherently stealthy which is a very important
feature for performing the dangerous mission such as the Suppression of Enemy Air
Defense (SEAD) and deep strike missions to destroy sophisticated enemy air defenses
ensuring air superiority. As the flying wing appears to be the most promising
configuration, the flying wing UCAYV is of particular interest for this study.

Fhe objective of this study is to develop a new initial design and optimization tool for
sizing UCAV flying wing based on the design tool developed by Watjatrakul [16]. The
tool will be able to model the cranked wing planform. A new internal packaging will be
introduced. A wing mass estimation method for the cranked wing planform will be
developed to provide more accurate prediction. The aerodynamic module originally
sing the vortex lattice code will be replaced with the aecrodynamic code using lifting-
“urface theory to provide more robustness and reduce computational time during
optimization process. Trim, stability and control sizing will be considered, and included
in the optimization process. With the more complete and accuraie tool, the
characteristics of the flying wing UCAYV can be explored in more detail and accuracy.

Program Development and Structure:

The complex nature of the aircraft design problem is mainly due to multidisciplinary
interaction involving a large numbers of variables and constraints which can lead to
many feastble design solutions for a given set of requirements. To achieve the optimum
design, the Moultvariate Optimization method —the integration of a numerical
optimization into the design synthesis— is employed to tackle the design problem in this
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study. The MVO is a single-level optimization approach consisting of two main parts:
the design synthesis and optimization (or optimizer). The design synthesis of flying
wing UCAYV consists of design disciplines and their interactions, i.e. configuration and
packaging, mass estimation, aerodynamics, propulsion, performance, and stability and
control.

The formulation of MVO begins with identifying: a set of design variables, the
objective function to be minimized (optimized) and constraint functions to be satisfied.
Design variables are any selected variables, such as wing geometry, that describe the
problem and will be altered by the optimizer to obtain the optimum solution. The MVO
also includes a number of variables which are fixed from the outset called the design
parameters; for example, number of engines, ultimate load factor and payload. As
MVO is capable of bandling a large number of design variables and constraints, more
details of aircraft configuration can be setup, then detail analyses can be performed

teading to more accurate design. More insight into the design problem can be obtained ™

by tradeoff studies that show effects of changing the requirements or design variables
on the aircraft. This encourages more rigorous analysis for new aircraft concepts. In this
study, the optimization code called IL.SGRG?2 is used as the optimizer within the MVO
code for the flying wing UCAYV design. LSGRG2 uses Generalized Reduced Gradient
(GRG) algorithm to solve large-sparse nonlinear problems.

Configuration and Packaging:

As the flying wing appears to be the most promising configuration due to aerodynamic
efficiency and stealthy advantage, several designs of flying wing UCAV have been
purposed. In late 2004, the Defense Advanced Research Projects Agency (DARPA)
awarded Boeing and Northrop Grumman the contacts for construction of Boeing X-45C
and Northrop X478 with larger payload and longer range (see Fig. 3.1). The flight
testing of both vehicles is expected to commence in late 2007.

In this study, two designs of flying wing UCAYV similar to Boeing X-45C and Northrop
X-47B are investigated —the straight leading-edge planform called AU design and the
single leading-edge cranked planform called NU design (see Fig. 3.2). Both designs
have a similar internal packaging. The simple structure layout consisting of a front spar,
a rear spar and ribs forming a wing box is employed. The user enables to specify
location of both spars as a constant fraction of local chord. Airfoil data can be given at
center, kink and tip sections. The center weapon bay located undemneath a single
turbofan engine arrangement is chosen in order to minimize the planform area and
weight. The user provides the weapon mass and its bay dimension. The engine size and
mass are calculated from the maximum required thrust through the thrust scale factor of
the datum engine. Tricycle landing gear layout is employed. Landing gear length is
calculated to allow for the taildown angle, and tyre size is estimated from the gear load
and tyre pressure. The landing gear bay is then determined from the gear dimensions.
Avionics and communication system are placed above and beside the nose gear bay. A
fuel tank on the semi-span wing is placed inboard next to the main gear bay to control
the aircraft center of gravity, and the fuel mass and volume are calculated according to
the mission fuel required. Structural clearances between all bays are specified to ensure
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practical design. The thickness at the center section is examined to ensure that the
components can be accommodated inside the basic airfoil shape to provide smooth
contour for stealthy and aerodynamic design. Inboard eleveons are employed for pitch
and roll controls; and split-drag rudders are located outboard for yaw control. The
optimizer has authority to adjust the planform parameters, and to relocate internal
components to achieve the optimum design.

Mass Estimation:

In this study, the aircraft takeoff mass was selected as the objective function to be
minimized. A wing mass estimation for the cranked wing planform was developed
based on the semi-analytical approaches and presented in details in Appendix A. The
structural mass is divided into two parts: the primary box structure and secondary
structure. The primary box consists of upper and lower skins, a front and a rear spar and
ribs which carry aerodynamic and inertia loads resulting in shear, bending and torsion.
The secondary structure comprises fixed leading-edge and trailing-edge structure, high-
Iift devices and contro] surfaces. The penalty mass due to attachments and cutouts is
added providing the total wing structural mass. The method was then simplified for the
single cranked planform (see Section 3.1). All other aircraft component masses are
based on the empirical methods expressed in details in Watjatrakul [16].

Aerodynamic Loads:

In this study, the aerodynamic code based on the lifting-surface theory [27] was
integrated as a subprogram into the aircraft design code. The spanwise lift of a wing is
due to the contributions of angle of attack, airfoil camber, wing twist and control surface
deflection.

The total drag coefficient of the wing consists of the drag coefficient of the basic wing
and increment in drag coefficient due to control deflection. Drag coefficient of the basic
wing is divided into two components: a drag component that is independent of lift and a
vlift-dependent drag component. In this study, the equivalent wing planform was used to
Lstimate the cranked wing drag coefficient, and the empirical drag prediction [21] was
employed (see Section 3.3.2).

The drag increment at zero lift due to plain trailing-edge device deflection was
estimated based on the empirical method [24]. The method evaluates drag increment
due to full span flap deflection, and the conversion factor [25] was used for part-span
flap correction. In this study, plain trailing-edge device type was employed as inboard
elevons functioning as both elevator and aileron. The code to estimate drag increment
due to full span flap deflection [24] was modified and integrated into the aircraft sizing
code as a subprogram. -

The empirical method [26] was used to estimate drag increment at zero lift due to split
trailing-edge device deflection {see Fig. 3.7). The method evaluates drag increment due
to full span flap deflection, and the conversion factor {24} was used for part-span flap



correction. In this study, the drag due to split flap provided the split-drag rudder effect
for the directional control. The numerous empirical data of split-flap drag were put into
matrices, and Lagrange interpolation method was employed to find the associated data
according to the design parameters.

Propulsion:

The engine sizing is evaluated according to the design performance through the scaling
factor SF on the datum (nominal) engine. This statistical method, although rather
approximate, generally gives accurate results as long as 0.5 < SF < [.5. In another
word, the required engine has characteristics close to the selected datum engine (see
Section 3.4). :

In this study, the F404-GE-100D propelled Boeing X-45C and F100-PW-220E driven ®
Northrop X-47B were chosen as the datum engines for the AU and NU designs,
respectively.

Mission and Point Performances:

The parameter being calculated in the mission analysis is the amount of fuel required to
perform the specified mission. Up to 30 combinations of engine run, takeoff, climb and
accelerate, cruise, manoeuvre, weapon drop, loiter, landing and taxi phases can be
evaluated (see Table 3.2). Aircraft mass at the end of each mission phase is used as the
starting mass of the consecutive phase. The mission fuel mass is checked against the
fuel mass obtained from the fuel fraction to ensure the consistency of the fuel
estimation.

The point performance of the synthesized aircraft has to be estimated to ensure
satisfaction of given performance requirements which are used as design constraints. In
this study, the following point performances can be estimated: take-off field length,
landing field length, attained tum, sustained turn, time to climb and acceleration,
maximum level Mach number and specific excess power. For each point performance,
aircraft mass, flight condition and required performance must be specified (see Table
3.3). Up to 10 combinations of these point performances can be evaluated. In this study,
the fuel mass estimation and point performance analyses follow the methods given in
Watjatrakul [16].

Stability and Control:
- Longitudinal Trim and Stability
The equations of motion during steady flight of the flying wing have been developed

(see Section 3.7.1) 10 evaluate trimmed flight at the design point and required control
deflection for maximum trimmed lift coefficient.
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At the design point, the aircraft is trimmed or balanced with no control deflection to
avoid trimmed drag penalty. The optimizer has authority to adjust the planform
parameters, and to relocate internal components to achieve the required static margin
without control deflection. For high attitude itrim such as approach landing and
maneuvering, the maximum trimmed lift coefficient is required. In general, the
maximum trimmed lift coefficient with control deflection is said to be achieved when
the wing lift coefficient of any spanwise section reaches its local maximum airfoil lift
coefficient with control deflection. Therefore, by gradually increasing the angle of
attack, the stall angle and the maximum trimmed lift including the required control
deflection can then be obtained. However, this process will required considerable
amount of time for evaluation, particularly invelving with optimization process. In this
study the stall angle of attack with elevon deflection is assumed conservatively to occur
at [2°, then the maximum trimmed lift coefficient and elevon deflection to trim
{elevator function) are obtained from the equations of motion. The elevon deflection to
trim must not be greater than a half of the specified maximum angle to allow for aileron
functioning.

The static margin SM is a crucial requirement for flying wing design. The aircraft is
statically stable if SM is positive; neutrally stable if SM is equal to zero; and unstable if
SM is negative. The optimizer allows relocating the internal components and changing
the wing planform to meet the specified static margin requirement. The effect of
required degree of stability on the design of the aircraft was investigated and discussed
later.

- Take-off Rotation Control Power

In this study, the rotation at takeoff is also used as a criterion for sizing the inboard
elevons in part of elevator function to ensure enough control power for takeoff. The
equations of motion during takeoff ground roll have been developed (see Section 3.7.3).
The requirement used here is that the aircraft must be able to lift the nose wheel off the
ground at a rotation speed of 1.1 of the stall speed in the take-off configuration.

- Lateral and Directional Stability and Control

el e lateral stability of the aircraft can be assured by C;, <0 where C, is the change in
£ B

rolling moment coefficient of the aircraft due to sideslip angle . The sweepback angle
and dihedral of the wing provide such the lateral stability. The wing planform
contribution to the rolling moment derivative due to sideslip is obtained from the
empirical method [28]. The method can be applicable to various wing planforms
through the use of the equivalent wing planform concept. The lateral or roll control is
provided with elevons functioning as ailerons. In this study, the elevon size for roll
control is determined by the requirement to maintain wing level in crosswind. The
rolling moment due to elevon deflection, obtained from aerodynamic module, is used to
counterbalance the rolling moment due to sideslip (see Section 3.7.4).

The directional stability of the aircraft can be assured byC, >0 where C, is the

change in the yawing moment coefficient of the aircraft due to sideslip angle. The
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sweepback angle provides such the directional stability. The outboard split-drag rudders
are employed for the directional control for holding a zero sideslip angle. The size of
rudder is determined base on the worse-case condition during landing and take-off in a
crosswind ratio of 0.2 and sideslip angle of £ = 12°. The yawing moment due to the
split-drag rudder, obtained from aerodynamic module, is used to compensate the yawing
moment due to sideslip.

Case Studies and Discussions:

In this study, the requirements for AU designs are specified as closely as those publicly
available for Boeing X45C. Likewise, the requirements for NU designs are specified as
closely as those publicly available for Northrop X-47B. Some mission and all point
performances, however, are assumed similarly to typical combat aircraft (see Section
4.1).

There are 14 design variables and 37 constraints for AU design; and 15 design variables
and 40 constraints for NU design (see Section 4.2). The takeoff mass is chosen as the
objective function. The LSGRG2 optimizer then searches for the optimum solution -the
minimum takeoff mass- that satisfies all constraints by altering the design variables.
Examples of all input files containing design variables, parameters and constraints, are
given in Appendix B.

In this study, ten basic design cases with variation of minimum static margin ranging
from 0 to -20 are investigated. Note that the kink station for the basic NU designs is
fixed at a fraction of 0.4 of the wing semi-span. In addition, an AU-X case is
investigated to study the effects of the NU requirements on the AU configuration; and
two NU designs with the kink stations at fractions of 0.5 and 0.6 are also studied, called
NU-Ks cases. Symmetrical airfoils are used for all design case with NACA 66-018,
64A010 and 64A008 applied at the center, kink and tip stations, respectively (see
Section 4.3).

The optimum values of the design variables and constraints for AU and NU designs are
given in Section 4.4. It can be seen that all designs were driven by the static margin
constraint at takeoff. Relaxing stability (more negative static margin or unstable)
resulted in smaller and lighter aircraft which lead to smaller engines and less fuel
required. However, the benefit of mass reduction was decreased as the static margin was
further relaxed.

It can be seen that the highly leading-edge sweep was obtained in comparison with the
sweep of typical subsonic aircraft. Sweep angle is typically employed to avoid drag rise
at high subsonic flight. However, high sweep reduces aerodynamic lift and increases
structural weight. The highly swept-wing design, therefore, was driven by the
requirement of a large moment arm for pitch stability and control for flying wing
design. All structural clearance constraints were all binding to keep minimum size and
weight. All equality constraints were active as expected.
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.For AU designs, the engines were sized mainly based on the thrust required for the
attained turn requirement, while the required thrusts for the climb and attained turn
requirements were the key design parameters driven the engine size for NU designs.
The wing area was determined by the landing requirement. The nose gear was sized to
the upper limit load, not greater than 15% of the takeoff weight.

For all design, there were sufficient control powers for the elevons to trim at landing,
attained turn and sustained turn; and for rotatton at takeoff. All designs were laterally
and directionally stable. There were sufficient elevon control power for lateral control,
and split-rudder conirel power for directional control in cross-wind flight. Note that the
elevons and split-rudders were not sized to their minimum dimensions. This is due to
the constant fraction of chord and span of the elevons and split-rudders specified by the
user. For AU designs, the elevons and split-rudders had equal span on the outer wing.
For NU designs, the elevon was spanned over the inner wing, and the split-rudder was
spanned over the outer wing.

The total mass and component mass were estimated. It can be seen that relaxing static
margin has more impact on the takeoff mass of AU designs than that of NU designs.
The component center of gravity (CG) and the excursion of center of gravity were
calculated. As the aircraft CG location has significant impact on the required static
margin, the payload CG and fuel CG were enforced to locate at the operating empty
mass CG to avoid CG movement during flight. Therefore, the forward and aft CG limits
are identical. A number of internal packaging constraints were imposed to ensure CG
consistency. The dimensions of landing gear bay and engine bay were calculated, and
then used as design constraints for internal packaging to ensure practical design.

An additional AU design called AU-X was investigated with the same requirement as
the NU3 design. It is found that the AU-X design had much larger weight than the NU3
design. This indicated that the single leading-edge cranked planform of NU was more
(herodynamically) efficient than the straight leading-edge planform of AU for longer
range or larger aircraft.

Further NU design cases with variation of kink stations called NU-Ks were investigated.
It can be seen that the shorter the kink station, the smaller (and lighter) the aircraft. The
shorter kink station indicates the longer outer-wing span and larger area. With the larger
wing area of the outer wing associated with smaller sweep, the wing planform is more
aerodynamically and structurally efficient; and more adaptable to achieve stability
requirement leading to lighter and smaller design.

The aerodynamic ioads of AU3 and NU3 designs are illustrated (see Figs. 4.1 and 4.2).
It can be seen that the total lift coefficient of the basic wing (i.e. wing without control
deflection) at the design point is the sum of lift coefficients due to the wing camber,
twist and angle of attack of the planform. A slightly bumpy rise occurred at the outboard
section of the NU3 basic wing due to the smaller sweep at the outboard wing providing
an increase in lift coefficient.

The convergence histories of takeoff mass (the objective function) and static margin
constraint of the AU3 design are illustrated (see Figs. 4.3 and 4.4). It can be seen that 46
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iterations driven by the LSGRG2 optimizer were required to achieve the optimum
design, i.e. minimized takeoff mass. A strong influence of the static margin on the
takeoff mass can be clearly seen. The static margin constraint was first satisfied at the
24™ iteration in which the takeoff mass was also increased considerably. The takeoff
mass was then relatively constant as the static margin was tied to its lower bound.

It was also found that a realistic starting point of the design is generally preferred in
order to avoid divergence and to reduce computational time during the optimization
process. According to the results obtained from the design tool, the optimum
configurations of AU3 and NU3 designs are modeled and shown (see Fig. 4.5 and 4.6).
The average computational time to obtain an optimum design was about 180 minutes on
Inte] Pentium 4, CPU 3.00 GHz and 1.00 GB of RAM.

Conclusions:

An initial design and optimization tool was developed for unmanned flying wing
combat aircraft. The tool was used to investigate the influence of design requirements
and to explore the characteristic of the flying wing type. The straight leading-edge
planform and single leading-edge cranked planform having similar internal packaging
can be modeled. According to results obtained from this study, the following
conclusions can be made:

e The required static margin had a significant impact on the design in which
relaxing the static margin lead to a smaller and lighter design.

» The single leading-edge cranked planform was more efficient for long range (or
targer payload) design due to more aerodynamic efficiency and flexibility to
control static margin of the outboard wing compared with the straight leading-
edge planform. However, the leading-edge cranked planform provides more
radar reflecting angles causing the aircraft less stealthy.

o The wing sweep of the flying wing design was mainly determined by the static
margin requirement rather than the typical aerodynamic requirement of the drag
reduction at high subsonic speed flight.

e The kink station of the planform showed an impact on the design in which
smaller kink span, providing greater outboard wing span associated with smaller
sweep, lead to a lighter design.

* Although the planforms of AU and NU designs are similar to the Boeing X-45C
and Northrop X-47B, the design requirements of X-45C and X-47B are not
sufficiently available in public domain. Therefore, the direct comparison to the
AU and NU designs cannot be made at this stage.

o It was found that as the design optimization problem involved a large number of
design variables, constraints and complicated analysis, the design code became
less robust. A realistic starting point of the design was usually required. In



-

addition, it was found that scaling of the design variables and constraints showed
a significant impact on the robustness and convergence of the solution.
Therefore, the design variables (and also constraints) should be scaled to have
values of the same magnitude to avoid mathematical ill-conditions during
optimization process.

xi
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1. Introduction

In the last two decades, there has been an increased interest in application of the
unmanned aerial vehicle in combat roles [1-14]. Eliminating the loss or capture of
aircrews and reducing the cost of operating combat aircraft have driven the interest into
a new class of air weapon platform, Unmanned Combat Air Vehicle (UCAV). The
UCAYV is principally a combat aircraft without pilots onboard. It mostly operates
autonomously with preprogrammed computers onboard; however, it will be taken over
the mission control by remote operators on ground control station or another aircraft in
circumstances when human decision is required; for example, releasing weapons, re-
targeting or aborting the mission. The lack of human onboard makes the UCAV more
desirable for used in most dangerous missions such as “the first day of the war”, a high
threat environment mission in which the probability of survival is low, or hazardous
missions invelving chemical warfare. As a reusable platform, UCAYV provides a more
cost effective attack weapon over a cruise missile, and also reduces the risk of collateral
damage. With this versatility, the UCAV provides a wider range of options in the
battlefield and would potentially revolutionize the battlefield of the future.

In 1998, the Defense Advance Research Projects Agency (DARPA) and US Air Force
proposed UCAV Advanced Technology Demonstration (ATD) program to demonstrate
technical feasibility of a UCAV system. The operational UCAV system is envisioned as
an integrated part to support the existing manned strike packages in 2010 [13]. In the
UK, the Defence Procurement Agency (DPA) is also considering UCAV as a potential
candidate system component of the Future Offensive Air System (FOAS) program for
the Tornado GR4 replacement in 2017. Several design concepts have been proposed but
mostly pointed to the tailless or flying wing design. This is mainly because the flying
wing is aerodynamically efficient and inherently stealthy which is a very important
feature for conduction the dangerous mission such as the Suppression of Enemy Air
Defense (SEAD) and deep strike missions to destroy sophisticated enemy air defenses
ehsuring air superiority.

[t can be seen that UCAYV presents many advantages over today manned combat aircraft
and is being considered as an effective and affordable weapon system in the near future.
glowever, as the flying wing UCAV is a new vehicle concept, there are several

nknowns that need to be explored. This research will focus on the design at the
conceptual level of the UCAV vehicle itself, not the operational aspect. As the flying
wing appears to be the most promising configuration due to aerodynamic efficiency and
stealthy advantage, the flying wing UCAV is of particular interest for investigation.
Surprisingly, only few works are found in the public domain concemning the flying wing
design and optimization. For example, Whittle [15] conducted a study of enhancement
of manned combat aircraft supportability using a flying wing configuration as a case
study. Several important features of the flying wing configuration were considered, e.g.
packaging, trim longitudinal and lateral stability and control. However, as the purpose
of his study was not to investigaie characteristics of the flying wing type, most of the
analyses were based on simplified semi-empirical method, and the control sizing and
stability analyses, the important aspects of the flying wing design, were left outside the
optimization loop.



Watjatrakul [16] developed a design and optimization tool and performed the study of a
subsonic flying wing UCAV compared with the manned version at the initial design
level. The emphasis of the design was on the aerodynamic prediction, trim and
longitudinal static stability and control sizing of the vehicle. The vortex latiice code
called HASC was used to estimate lift, induced drag and pitching moment coefficients.
By this mean, the acrodynamic characteristics of the flying wing obtained are based on
the true geometry of the wing rather than semi-empirical methods. A linearization
approach was developed to estimate trimmed lift and moment coefficients at an angle of
attack, and the maximum trimmed lift coefficient was also estimated for performance
analyses and control sizing. The takeoff rotation constraint was used for sizing the
longitudinal control surfaces. However, although the aerodynamic module based on the
vortex lattice method can model several types of wing planform, the straight tapered
wing planform was only considered due to the limitation of the packaging module. In
addition, the lateral and directional stability and control were not included. The results
obtained from the study show that the unmanned version shows a weight saving
compared with the manned version performing the same mission. However, both
versions of vehicles with a straight tapered wing planform have a similar size. This is
mainly due to the impact of the required static margin constraint resulting a large wing
area and span. Therefore, the weight saving is mainly obtained from the removal of the
pilot and associated mass and the reduction in the ultimate load factor which also lead to
less fuel being required. However, for a flying wing with a different wing planform such
as a cranked wing planform, the weight saving benefit of the unmanned version is
expected to be higher and the vehicle size should be smaller. These require further
investigations.

The objective of this study is to develop a new initial design and optimization tool for
UCAYV flying wing based on the design tool developed by Watjatrakul [16]. The too]
will be able to model the cranked wing planform. A new internal packaging wiil be
introduced. A wing mass estimation method for the cranked wing planform will be
developed and employed. The aerodynamic module originally using the vortex lattice
code will be replaced with the aerodynamic code using lifting-surface theory [27] to
provide more robustness and reduce computational time during optimization process.
Lateral and directional stabilities and control sizing will be considered, and included in
the optimization process. With the more complete and accurate tool, the characteristics
of the flying wing UCAV can be explored in more detail and accuracy.



2. Program Development and Structure

Aircraft design is an engineering process of creating a flying machine to meet certain
requirements specified by customers or to explore new designer innovations. The design
process is an intellectual activity that is reinforced by intuition developed via experience
by paying attention to several designs both successful and unsuccessful in the past; and
by design procedures and statistical databases. The complex nature of the aircraft design
problem is mainly due to multidisciplinary interaction involving a large numbers of
variables and constraints which can lead to many feasible design solutions for a given
set of requirements. To achieve the optimum design, the Multivariate Optimization
method —the integration of a numerical optimization into the design synthesis— is
employed to tackle the design problem in this study.

2.1 Multivariate Optimization

An initial sizing and optimization code based on the Multivariate Optimization (MVQ)
method was developed and employed to evaluate the flying wing UCAYV characteristics
in this study. The MVO is a single-level optimization approach consisting of two main
parts: the design synthesis and optimization (or optimizer) as illustrated in Fig. 2.1. The
design synthesis of UCAYV consists of design disciplines and their interactions as shown
in Fig. 2.2

The formulation of MVQO begins with identifying: a set of design variables, the
objective function to be minimized (optimized) and constraint functions to be satisfied.
Design vartables are any preselected variables that describe the problem and will be
altered by the optimizer to obtain the optimum solution. They can be planform
geometries, engine thrust, or stability parameters, for example. The objective function is
uged as a figure of merit to indicate the optimum solution. In aircraft design problem,
the objective function can be takeoff mass or life cycle cost to be minimized; or mission
radius to be maximized. Constraint functions are imposed to ensure that the aircraft can
meet the specified requirements (e.g. the takeoff field length, cruise speed and sustained
turn), and be a realistic design (e.g. fuel volume available and structural clearance
yonstraints}). The optimizer then uses a numerical optimization technique to search for
Jhe optimum solution that meets all design constraints by adjusting the design variables.
The MVO also includes a number of variables which are fixed from the outset called the
design parameters; for example, number of engines, ultimate load factor and payload.
As MVO is capable of handling a large number of design variables and constraints,
more details of aircraft configuration can be setup, then detail analyses can be
performed leading to more accurate design. More insight into the design problem can be
obtained by tradeoff studies that show effects of changing the requirements or design
variables on the aircraft. This encourages more rigorous analysis for new aircraft
concepts. '
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2.2 Optimization Tool

In this study, the optimization code called LSGRG2 [17] is used as the optimizer within
the MVO code for UCAYV design. LSGRG2 uses Generalized Reduced Gradient (GRG)
algorithm to solve large-sparse nonlinear problems of the following form:

Find an n-vector X = (X}, X5, X3, ..., X)) of Design variables to

Minimize: Gulx) Objective function
Subject to:
n+d) LGx) Sufn+i}) i=12,...,mbut { =k Constraint functions
(i) £ X < ufi) i=12,...n Bound constraints

where X is a vector of »n design variables, G; is a vector of m constraint functions and G;
is the objective function to be optimized. The lower bound vector, [, and the upper
bound vector, i, are the constraints of the design variables.

As in other gradient-based methods, LSGRG2 uses gradients of the objective and
constraint functions to find a search direction which will move the current design point
toward the optimum solution that meets all constraints. A step size is then calculated to
provide a step move of the design variables in the search direction. The gradients of the
functions with respect to each design variable (AG/JX;), if not given, can be estimated
automatically using the finite difference method. If the starting point supplied by the
user violates the constraints (i.e. outside the feasible region), the optimization phase 1 is
started in order to find a feasible design. If a feasible point is found, the phase II is then
started to find the optimum solution. The local optimum is said to be found when the
Khun-Tucker conditions are met, or the fractional change in the objective function is
less than a specified tolerance. If a feasible point can not be found, the program
terminates. A constraint function is said to be active or binding when the design point is
lying on the constraint within a specified limit. Details of the LSGRG2 algorithm and
implementation can be found in Lasdon {17].



3. Design Syntheses

3.1 Configuration and Packaging

Flying wing configuration appears to be the most promising configuration due to -

aerodynamic efficiency and stealthy advantage; therefore, the flying wing UCAV is of
particular interest for investigation. Aerodynamic superiority of the flying wing is
obtained through eliminating non-lift producing components (i.e. fuselage and tail unit)
leading to reduction in wetted area, drag and weight. Without the tail unit and with
smoothly blended external geometry, the radar cross section of the flying wing is
reduced significantly. Several designs of tailless UCAV have been purposed. In late
2004, the Defense Advanced Research Projects Agency (DARPA) awarded Boeing and
Northrop Grurnman the contacts for construction of Boeing X-45C and Northrop X-47B
[14} with larger payload and longer range as shown in Fig. 3.1. The flight testing of
both vehicles is expected to commence in late 2007.

In this study, two designs of flying wing UCAY similar to Boeing X-45C and Northrop
X-47B are investigated —the straight leading-edge planform called AU design and the
single leading-edge cranked planform called NU design— as shown in Fig. 3.2. Both
designs have a similar internal packaging. The simple structure layout consisting of a
front spar, a rear spar and ribs forming a wing box is employed. The user enables to
specify location of both spars as a constant fraction of local chord. Airfoil data can be
given at center, kink and tip sections. Leading-edge and trailing-edge control devices
with constant chords can be modeled. The center weapon bay located underneath a
single turbofan engine arrangement is selected in order to minimize the planform area
and weight. The user provides the weapon mass and its bay dimension. The engine size
and mass are calculated from the maximum required thrust through the thrust scale
factor of the datum engine. Tricycle landing gear layout is employed. The landing gear
length is calculated to allow for the taildown angle, and the tyre size is estimated from
the gear load and tyre pressure. The landing gear bay is then determined from the gear
dimensions. Avionics and communication system are placed above and beside the nose
gear bay. A fuel tank on the semi-span wing is placed inboard next to the main gear bay
to control the aircraft center of gravity, and the fuel mass and volume are calculated
according to the mission fuel required. Structural clearances between all bays are
specified to ensure practical design. The thickness at the center section is examined to
ensure that the components can be accommodated inside the basic airfoil shape to
provide smooth contour for stealthy and aerodynamic design. In this study, inboard
eleveons are employed for pitch and roll controls, and split-drag rudders are located
outboard for yaw control. The optimizer has authority to adjust the planform
parameters, for example, sweep angle, wing span, chord, and span of control device;
and to relocate internal components such as engine, weapon bay and landing gear
attachments to obtain the optimum design.

-
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Boeing — X-45C Northrop Grumman - X478

K

Specification Boeing X-45C Northrop X-478
Length 11.9 m (39 f1) 11.6m(38.2 f)
Wing span 14.9 m (49.5 ft) 18.9 m (62.1 ft)
Height 1.2 m(41t)

Weapons Payload

2040 kg (4500 1b)
[2 x GBU-31/B JDAM]

2040 kg (4500 1b)
[2 x GBU-31/B JDAM|

Empty Weight

18000 Ib

> 18000 th

Gross Weight 16600 kg (36300 Ib) 19000 kg (42000 Ih)
Speed Mach (.8-0.85 Mach 0.8-0.85

. Ceiling 12200 m (40000 {t) =12200 m (40000 ft) )
Mission Radius 2400 km (1300 n1m) 6500 km Range (3500 nm)
Propulsion GE: F404-GE- 102D wrbofan | PW: F100-PW-220E wrbofan

31 kN (7000 1b)

105.7 kN (23770 1b)

&

Fig. 3.1 Characteristics of Boeing X-45 and Northrop X-47B designs [14],
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Fig. 3.2 Configuration and packaging of the proposed UCAV designs.



3.2 Mass Estimation

In this study, the aircraft takeoff mass M,, was selected as the objective function to be
minimized. The takeoff mass consists of the following components:

M.'n =M +Mﬁ:el +Mmg +Mlg +Mk)r'd +Mﬁ:r +wa+Mac+Mpa'_\- +Mcomu

(3.1

wing

where
Ming is wing structural mass
Mper  1s fuel mass required to perform specified mission
M., isinstall engine mass
My  islanding gear mass
My, 1s mass of hydraulics and flying control system
My, s furnishing mass
M.; is mass of avionics, instruments and electronics
M.  1s mass of air conditioning and de-icing system
Mpay 15 payload mass (i.e. weapon mass)
Meoma 18 mass of communication and data link system

The Mp., and M., are constant and given by the user according to the design
requirement. The other component masses are takeoff mass dependence. In this study,
the estimations of Mg, My, My, Ms,, May, and M, are based on the empirical
methods expressed in details in Watjatrakul [16].

The zero fuel mass My is defined as

M;r :Mm"_Mﬁm (3.2)
the zero payload mass M,, is

M, =M,-M,, (3.3)
X .
apd the operating empty mass Mogy is

Mogy =M, — M., _Mpa_\' (3.4)



3.2.1 Wing mass estimation

The wing mass estimation for the cranked wing planform was developed based on the
semi-analytical approaches given in Torenbeek [18] and Howe [19, 20], and presented
in details in Appendix A, The structural mass is divided into two parts: the primary box
structure and secondary structure. The primary box consists of upper and lower skins, a
front and a rear spar and ribs which carry aerodynamic and inertia loads resulting in
shear, bending and torsion. The secondary structure comprises fixed leading-edge and
trailing-edge structure, high-lift devices and control surfaces. The method was then
simplified for the single cranked planform. The related simplification is presented in the
following.

Material Required Resisting Bending:

The weight of skin matenials W;; required for the upper or lower skins to resist bending
is obtained from '

W, =208 [Ay(y,)dy, (3.5)
or
ypfcoshy (Wi foos Ay
W, = 293[ [Autyody,+  [a, (ys)a'ys] (3.6)
0 ¥y foos Ay

where pg is the material specific weight, Au{y;) is the equivalent skin cross-sectional

area at structural station y,, A is the mid-chord sweep angle, and y; is the kink station.
The ( ); and ( )p denote the properties of the inner and outer wings, respectively.

Define the span fraction as

y y.CcosA
_Y _X - 3.7
g b/2 b/2 ¢ 3D
Hence,
dy cosA
dn=—-= 38
752" b2 (3-8)
From Eq. (3.6), we obtain
W, =2pg ﬁﬂ]A (v.)dn+—22 ]'A (y,)dn (3.9)
sk COSA_; ; sk Y; COSAO ; sk y_r .

The equivalent panel cross-sectional area Ag(y;s) is defined as

10

»
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My,)

Ay (Y )=———— (3.10)
* 7,4y, )o(y,)
where M(y.) is the applied bending moment. Therefore, we have
il 1
W, =208 bi2 J- M@ dn e b/2 J M) d 310
cosA, gnt(mol(m) cosAg 27,1 (r)
or
_ 2pg bi2 ™ M@ L ' M@ dn
Ot =0)| @ cosA, JHm It (n=0) " T,cosA, 2t/ 1c(n=0)
(3.12)

where £, =t(7)/ (11 =0) = 0.78 for a typical wing design. The thickness at the wing
center chord f¢ is the thickness obtained form the equivalent wing center chord
representing the true wing geometry. The & is the allowable tensile stress for the lower
skin and allowable compressive for the upper skin, assuming a constant value.
Therefore, we obtain

b

205 __(_b12 22 mgyan (3.13)
Aa"h

ka = - —_
e (7 =0), LO', COSA,

T
[M@pdn +—
; G, cos

The bending moment due fo lift at a spanwise station 77 is

nWr., b/2

Mol =3 ooA

{(m (3.14)

L}

where 77,, ts the spanwise center of pressure of the equivalent wing planform and

+ At
v Lop=(-n (3.15)
<
where A is the taper ratio of the equivalent wing planform.

The weight of skin materials required to resist bending due to lift Wy, is then

2 2
2 nWa, [ 1 b2 1N 1 br2 !
We, 28 P[:‘[ J If.(n)dn+:—-[ J II.(n)dri]
2 5 Op \COSA, )

_7?,15(7?=0)I_R T, L COSA, R

(3.16)
Define the lift bending function as

(I _q_)unz,hf) ~(1-7 )wuuz) .

3.17
424+ A G-17)

Doy, = Jll(n)dn =

I



where i and o denote the inner and outer stations. The total weight of skin materials
required to resist bending due to lift for a single cranked wing planform is then obtained
from

2 2
1 b2
W. = _ " — I +r, — 1 +
B nem=00, 2 Ty COSAI] At ) ' Co, [COSAo] O

(b2 Y1 (b2 Y
“F,, | cosA, 2L kc?m cosA, 2MLO

where r, and r_ are bending relief factors at the kink and wing centerline, respectively.

208 nWT,’cp{r 1 {bm

(3.18)

Bending Relief Factor:

The contribution of inertia loads on the bending is accounted by the bending relief
factor according to the method given in Howe [20].

L]

- The relief factor due to structural weight

It is assumed that the spanwise center of mass of the inner and outer wing is at about
0.37 of its semi-span. The structural relief factor at the kink station Ar, , is then

obtained as

Arg, = 9><0'TB7>< Q;” =0.833Q;, (3.19)

The structural relief factor at the wing centerline Ar,, is obtained as

e

Ar,, = [9>< Qi"’ x(1-0.638, )]+[9><4—0'§7 x—Q;"’ x(1- B, )J (3.20)
and
b b
_% __ 5 3.21
Z b b +b ( )

] o

where Q,  and Qg are the ratios of structural weight of the outer wing and the inner

wing to the takeoff weight W,,, respectively. f, is the ratio of the outer wing span b, to
the total wing span b, and ; is the inner wing span.

12



- The relief factor due to fuel weight

The relief factor due to fuel weight at the kink station Ar,, is obtained as

nfo Wﬁm‘
Ar,, =9x——x X 3.22
fk 9 QF.o W ( )

1]

The relief factor due to fuel weight at the wing centerline Ar, . is obtained as

QF.{; — que.‘ _— que:‘
Ar, . = [9>< 5 x(l -(1-7,, B, )>< W +| IXQp; X(’?,e_,- (1- 5, ))x W,
(3.23)
and
ﬁf‘i = zyf‘l' !’b} ; ﬁf.o = ‘?'yf.o fbv (324)

where Q. and @, are the ratio of fuel weight in the outer wing and inner wing to the
total fuel weight We,r, respectively. y, . is the spanwise center of mass of inner fuel
tank out from the wing centerline, and y, , is the spanwise center of mass of outer fuel
tank out from the kink station.

- Total relief factor

The total relief factor due to inertia loads 7, at kink station is then obtained as

L}

ro=1=(Ar, +Ar; ) (3.25)

At the wing centerline, the total relief factor r, is

5
* r.=1=(Ar, +A4Ar ) (3.26)
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3.3 Aerodynamic Loads
3.3.1 Lift and Pitching Moment Estimation

In this study, the aerodynamic code given in ESDU 95010 [27] is integrated as a
subprogram into the aircraft design code. The acrodynamic code estimates the spanwise
loading of wings with control surfaces based on lifting-surfaece theory. It is applicable to
straight tapered as well as cranked wing planforms. The total lift coefficient C; and
pitching moment coefficient Cy of a given wing planform are given as

C, =(C, ), +(C.)e +(C) +(C, ), (3.27)

Cu =(Co ) +(Cyy ) +(Cyy )y +(Cy ) (3.28)

E
where { )q denotes for the contribution of angle of attack, { jc for airfoil camber," ( )r &
for wing twist, and ( )s for control surface deflection (see Fig. 3.3). The spanwise
loading distribution is then given as

c L (Cu,)a £ £ E _(-_ .
Cuz *(57.3]‘1 C,). ¢ ez +Cu ) 2+ (Cus - (3.29)

(3.30)

S e

Fig. 3.3 Contributions of aerodynamic loading.
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Fig. 3.4 Spanwise loading distribution,

For a cranked wing, the planform is divided into panels. The panels are defined in
dimensional terms consisting of the spanwise stations and associated chords of
centerline (or root), crank and wing tip. The chordwise coordinates of the wing leading
edge at the spanwise stations are obtained through the leading-edge sweep of each
panel. At each spanwise station, the camber line ordinates are given in dimensionless
from the leading edge to the trailing edge. The twist angles can be specified at each
spanwise station assuming linear twist distribution between the stations. The spanwise
loadings due to the deflection of plain leading-edge and plain trailing-edge flaps are
obtained from specifying flap geometry and deflection on the port and starboard wings.

3.8.2 Drag Estimation

The total drag coefficient of the wing Cp is defined as follows:

v Co=Co +AC, (3.31)

-
where Cp,, 18 the drag coefficient of the basic wing and ACj is the increment in drag
coefficient due to contrel deflection.

Basic wing drag:

Drag coefficient of the basic wing Cp, is divided into two components: a drag
component that is independent of lift Cpp, and a lift-dependent drag component Cpy,.

C.D’w = CDOW + CD!\\' (332)
Several analytical expressions can be used to represent these two drag components. In

this study, the simple parabolic drag law was used to represent the drag coefficient of

15




the basic wing that provides accurate prediction within the normal operating range of
lift coefficient. As a result,

Cow =Chpu t KVCEW (3.33)

where X, is the induced drag factor and Cy,, is the lift coefficient of the basic wing. In
this study, the equivalent wing planform [23] was employed to estimate the cranked
wing drag coefficient, and the empirical drag prediction given in Howe [21] was
employed as follows:

20
M (cos A, )%

Cpo = 0.0058%'(1-02M +0.12 RT,(1-¢,) (3.34)

Af *I/C ~
b
where
S Wing planform area
M Operating Mach number
Ay Quarter chord sweep (deg) R
Ay Airfoil factor; 0.75-0.93, a higher value for an advanced
airfoil
t/c Wing average thickness to chord ratio
Cla Fraction of laminar flow over the wing chord; 0 for full
turbulent flow (recommended)
Rs Weited area factor; 2.5 for tailless aircraft
Ts Type factor; 1 for streamline aircraft

and the induced drag factor is

K =

v

(l+0.12M6){]+O.142+f(2.)A(lOt/c)°‘33+ 0.1 } (3.35)

(cosA,,, ) (4+A)°
where
£(A)=0.005{1+1.5(2-0.6)") (3.36)

and A is the taper ratio of the equivalent wing.
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Increment in drag due to control devices ACp:

Plain flap drag

The empirical method given in ESDU 87024 [24] was used to estimate drag increment
at zero lift due to plain trailing-edge device deflection. The method evaluates drag
increment due to full span flap deflection and the conversion factor given in ESDU
Flaps 02.01.07 {25] was used for part-span flap correction. In this study, plain trailing-
edge device type is used as inboard elevons functioning as both elevator and aileron.

The total increment in drag coefficient due to full span flap deflection is independent of
lift coefficient to a good approximation as shown in Fig. 3.5.

Co 8 Increasing

Fig. 3.5 Typical drag characteristics for wing with full-span flap [24].

The code supplied with ESDU 87024 [24] to estimate drag increment due to full span
fldp deflection was modified and integrated into the aircraft sizing code as a
subprogram. The required ¢, crand ¥ (see Fig. 3.6) for each specified airfoil section is
treated as the user input.

!

at

Cr ’ ¥
R |

)

Fig. 3.6 Flap geometry in plane parallel to aircraft plane of symmetry [24].
An empirical method for predicting the zero-lift drag increment due to leading-edge

device deflection could not be found. However, Howe [21] suggests that the increment
is relatively small; therefore, it is neglected in this study.

17




Split flap drag

The empirical method given in ESDU 74010 [26] was used to estimate drag increment
at zero lift due to split trailing-edge device deflection as shown Fig. 3.7. The method
evaluates drag increment due to full span flap deflection and the conversion factor given
in ESDU Flaps 02.01.07 [25] was used for part-span flap correction. In this study, the
drag due to split flap provides the split-drag rudder effect for the directional control.
Similar to plain flap, the total increment in drag coefficient due to full span flap
deflection ACp is independent of lift coefficient to a good approximation.

Fig. 3.7 Split flap geometry in plane parallel to aircraft plane of symmetry [26].

The total drag increment due to split flap is given as

AC, =AC,,, cosA,,, (3.37)

where AC,, . is the increment in drag coefficient at zero lift on an unswept wing which

is obtaired from numerous empirical data given as an example in Fig. 3.8 with values of

/c, ¢f/c, and & appropriate to a plane parallel to the aircraft plane of symmetry. The data
at all intersection points of Fig. 3.8 were put into matrices and Lagrange interpolation

method was employed to find AC),, according to the design parameters.
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Fig. 3.8 Increment in drag coefficient at zero lift due to full-span
on an unswept wing, c/c = 0.10 [26].




3.4 Propulsion

The engine sizing is evaluated according to the design performance through the scaling
factor SF on the datum (nominal) engine [22] as follows:

Thrust required

SF = - ; at sea level (3.38)
Thrust of the datum engine "
M nG = M 5. (SF)™ (3.39)
DE'\"G = DENG‘damm (S‘F)ﬂIj ) (340)
Line = Len autum (SF)! (341
where

Menc Uninstalled engine mass

Devg Largest diameter of the required engine

Leng Engine length of the required engine

El Engine mass factor

E2 Engine length factor

The total installed engine mass including exhaust and fuel system is defined as:
My =14M oy kg (3.42)

This statistical method, although rather approximate, generally gives accurate results as
long as 0.5 < §F < 1.5. In another word, the required engine has characteristics close to
the selected existing datum engine.

Thrust available at any flight condition for an engine with non-aftetburner and low
bypass ratio (Bg < 1) is estimated from the method given in Howe [21] as follows:

Ty = (SF W turn (3.43)

r=r,T, (3.44)
where

Taanim Sea level static thrust of the selected datum engine (kN)

Ty Sea level static thrust of the actual engine (kN)

T Thrust at any given condition of the actual engine (kN)

T.g 1S a factor depending on the bypass ratio Bg, operating Mach number My and
relative density o as the followings:
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Ty ={1-(02+0.07B, )M, 0’ 0<M, <04

={{0.856 +0.062B, )+ (0.16 —0.23B, M ,, Jo*’ 04<M, <09
R N
={1-0.145B,)+(0.5-0.05B, M, - 0.9)}c’ 09<M, <20
(3.45)

The specific fuel consumption, SFC, at any flight condition is given as:
SFC = SFC,,, (1-0.1582 {1 +0.28(1+ 0.063B2 M, }o°®  N/N/hour (3.46)

In this study, the F404-GE-100D propelled Boeing X-45C and F100-PW-220E driven
Northrop X-47B were chosen as the datum engines for the AU and NU designs,
respectively. The characteristics of the datum engines are listed in Table 3.1.

Table 3.1 Characteristics of the datum engincs

Datum Engine GE: F404-GE-100D (-102D) | P&W: F100-PW-220E
Max. Diameter (m) 0.882 1.182
Length (m) 2.26 4.986
Bypass Ratio 04 0.71
Mass (kg) 826 1430
SFC, Dry (N/N/hr) 0.8 0.73
Thrust SSL, Dry (kN) 48.93 65.25
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3.5 Mission Performance

The parameter being calculated. in the mission analysis is the amount of fuel required to
perform the specified mission. The fuel mass estimation of each mission phase follows
the previous work done by Watjatrakul [16]. Up to 30 combinations of mission phases
given in Table 3.2 can be evaluated. Aircraft mass at the end of each mission phase is
used as the starting mass of the consecutive phase. The mission fuel mass is checked
against the fuel mass obtained from the fuel fraction to ensure the consistency of the

fuel estimation.

Table 3.2 Mission profile definition

Phase Code  Altitude Mach  Datal Data2 Data3
Engine run 1 Al 0.0 Time " 0.0 Reheat
Takeoff 2 Al 0.0 Uy Ry Reheat
Climb/Accelerate/Descend 3 Al Mach; 0.0 0.0 Reheat
Cruise 4 Alt Mach  Distance 0.0 Reheat
Manoeuvre 5 Alt Mach Timel/Deg Ng Reheat
Weapon drop 6 Al Mach  F-Load 0.0 Reheat
Loiter/CAP 7 Al Mach  Time 0.0 Reheat
Landing 8 Al 0.0 0.0 0.0 0.0
End mission 0 00 0.0 Fuel Reserve Q.0 0.0
Where

Code Code number given for each point performance

Alt Flight altitude. (m)

Mach Mach number

Time Time duration of the mission segment (minutes)

Ly Rolling coefficient for takeoff (0.03 for dry runway)

Distance Cruise distance (km)

Timel Combat time, maximum of 10 minutes

Deg Total degrees of turning, greater than10 degrees

F-Load Fraction of total payload to be dropped (0 < F-Load <1)

Fuel Reserve  Fraction of the total fuel to be added

Ry Ratio of take-off rotation speed to stall speed

Ng Load factor for manoeuvre (g’s)

f

denotes for the final flight condition
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3.6 Point Performance

The point performance of the synthesized aircraft has to be estimated to ensure
satisfaction of given performance requirements which are used as design constraints. In
this study, the following point performances can be estimated: take-off field length,
landing field length, attained turn, sustained turn, time to climb and acceleration,
maximum level Mach number and specific excess power. For each point performance,
aircraft mass, flight condition and required performance must be specified as shown in
Table 3.3. Up to 10 combinations of these point performances can be evaluated.

Table 3.3 Point Eerformance definition

Phase Code Altitude Mach Datal Data2 Datal Datad DataS Data6
Take-off 1 Alt 0.0 0.0 F-Fuel F-Load 0.0 0.0 Svoc
Attained Turn 2 Alt Mach 1./2. F-Fuel F-Load 0.0 0.0 Ng / (°/s)
Sus. Turn 3 Alt Mach 1./2. F-Fuel F-Load 0.0 0.0 Ng / (%fs)
Mach/Speed 4 Alt Mach 0.0 F-Fuel F-Load 0.0 0.0 0.0
Accel/Climb 5 Al Mach;  Alt Mach; F-Load 0.0 F-Fuel Time
Excess Power 6 Alt Mach Nz F-Fuel F-Load 0.0 0.0 P,
Landing 0 All 0.0 Ug F-Fuel F-Load Amest 0.0 Stanp
Where

Code Code number given for each point performance

Alt Flight altitude (m)

Mach Mach number

Ng Load factor for manoeuvre (g's)

172 Option for specifying turn performance

1 = load factor; 2 = turn rate
s Braking coefficient (0.4 for dry runway)
F-Fuel Fraction of take-off fuel carrying (0 < F-Fuoel < 1)
' F-Load Fraction of total payload carrying (0 < F-Load <1)

Arrest Efficiency of arresting device (O for none; 1 for high-efficiency)

Stoc Maximum takeoff ground roll distance (m)

°fg Turn rate (deg/s )
% Time Time for completing climb or acceleration phase (minutes)

P Specific excess power required. (m/s)

SLanD Maximum landing ground roll distance (m)

i
f

denotes for initial flight condition
denotes for final flight condition

Note that Data 4 is not used in all calculations. It is an option for using afterbumer
which can be added in further work. The detail analysis of each point performance
follows the previous work done by Watjatrakul [16].
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3.7 Stability and Control
3.7.1 Longitudinal Trim and Static Stability

Considering an aircraft in steady flight as shown in Fig. 3.9.

HORIZONTAL & (P(

Fig. 3.9 Force system in steady flight.

The equations of motion along and normal to the flight path, respectively, are obtained
as

D =Wsiny+Tcosla, +a) (3.47)
L+Tsin(a, +a)=Wecosy (3.48)
and the moment about the center of gravity at trim is

Mo =0=M, +Lcosalxy; —x, )~ Lsina z,,
+Dcos@ zo; + Dsine - (xg, — x,.) (3.49)

+Teosa, (z, — zco)—Tsin a'T(xT +xCG)

For level flight, y=0and o = 8, and

C,=L/(gS); C,=DigS), Cy =M /(gST) (3.50)
g=pvV*i/2
We have
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¢, +Lsinfa, +a)= - (3.51)
g$ gS

C, = —T—cos(ar + ) (3.52)
gS

CM.CG' =0= Cy ac +CL[(xCG _xw) Z

" —xac)sina} (3.53)

COS& — Z; SIN a]

=)

[ 2gg cosa+(x
I

(ZT ~Zcg )COSO.’,. - (xr —~ Xea )Sin ar
+Cp =
¢ cos(ey, + @)

+C,

]|

Defining geometry terms as,

. [(ch — X, )eos & — 74 sin a}
<

BZ[ZCG cosa+(;;6—xac)sino:] 3.54)
C

= (27 = zeg Jeos ety = (x; — x5 Jsinex,
¢ cos(a, + )

Then, Eq. (3.53) can be written as
0=C,  +C,A+C (B+E) (3.55)

By linearization all forces and moments, we obtain the lift force equation Eq. (3.48) as

% :
. oC oC oC
few (] w2 oo (%) 4+

aC T orac 3,
CDZW + Kw(CLOW +[ L] a} +[_DZ”} 5.‘:6 +[ . } 6f1|'
{ da ), 35 ), 35 ), 56
+[——a§§Z l 8, +[—a§;’ ]” 5,,]sin(aﬂr +a)
W
gs

and the moment equation Eq. (3.55) as
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aC ac aCM ac
) )

[ aC aC
C —L| g +|=£| 4, |A
+ Lw+[ 86 JM Iu+[ aa Jr? f?‘:|

+ (CDZW+KWCEW:I+[8CDZ] §.+(ac‘”] 5,,5+(BC°2] d,+[%J 5,3,](8+E)
| hi tr

a6 ), " a5 98 .

(3.57)

where ( )y denotes for basic wing, ( ) for high-lift devices and ( )}, for tim devices.
From Egs. (3.56) and (3.57), the angle of attack (&) and contro} deflection (&)

required to trim can be obtained. ~

At the design point where the aircraft is trimmed or balanced with no controt deflection s
to avoid trimmed drag penalty, we obtain the moment equation, Eq. (3.55), as

Cicc=0=Cy, +C,A+Cy (B+E) (3.38)

L]

In addition, the oy, is normally small. Therefore, the lift equation Eq. (3.51) is then

aC W
Cr. =Chy, +(a_c:la" = q_S (3.59)

According to the aerodynamic module employed in this study, the lift coefficient of the
basic wing is represented as

3C
C,, =Cp,+Co+Cpp = {—aj] a, +C+Cpp (3.60)

where Cp4 is the lift contribution due to angle of attack, C,¢ is due to airfoil camber and
Crr is due to twist. The airfoil camber and wing twist are given and fixed; hence, C¢,
Cyr and C,, . are constant. The required Cy,, is then obtained from the lift equation
Egs. (3.59) and (3.60) corresponding to the trim angle. The location of the center of
gravity required to trim xcg is then obtained from the moment equation. The optimizer
allows relocating the internal components and changing the wing planform to meet the
trimmed flight condition.

The static margin is obtained from

Static Margin (SM )= Zu _%¢6. (3.61)
[

The aircraft is statically stable if SM is positive (Xcg < Xg), neutrally stable if SM is
equal to zero (Xeg = Xa) and unstable if SM is negative (xcg > Xac). The optimizer allows
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relocating the internai components and changing the wing planform to meet the
specified static margin requirement. The effect of required degree of stability on the
design of the aircraft will be investigated and discussed later.

3.7.2 Trimmed Lift Coefficient

For a given center of gravity position, the trimmed lift coefficient and control deflection
to trim at an angle of attack can be calculated by Eq. (3.57). The control derivaitves are
calculated from the aerodynamic module. In general, the maximum trimmed lift
coefficient with control deflection is said to be achieved when the wing lift coefficient
of any spanwise section reaches its local maximum airfoil lift coefficient with control
deflection. Therefore, by gradually increasing the angle of attack, the stall angle and the
maximum trimmed lift including the required control deflection can then be obtained.
However, this process will required considerable amount of time for evaluation,
particularly involving with optimization process. In this study the stall angle of attack
with elevon deflection is assumed conservatively to occur at 12°; then the maximum
trimmed lift coefficient and elevon deflection to trim are obtained from the moment
equation Eq. (3.57).
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3.7.3 Take-off Rotation Control Power

The aircraft, at least, must have enough control power for takeoff if it is able to fly at
atl. Therefore, the rotation at takeoff is the minimum and crucial requirement for sizing
control surfaces. In this study, it is used as a criterion for sizing the inboard elevons in
part of elevator function. The requirement used here is that the aircraft must be able to
lift the nose wheel off the ground at a rotation speed of 1.1 of the stall speed in the take-

off configuration.

Considering the forces acting on the aircraft during take-off ground roll as shown in Fig.

3.10.

Fig. 3.10 Force system during take-off ground roll.

The forces acting on the aircraft normal and parallel to the flight path, respectively, are

L+Tsin(le,+a)+F, -W =0
w

Tcos(ety, +@)—-D—-F, =—V
g
Fy, = puF,
Where y is the runway friction coefficient; therefore,

T cos{a, +a) — gSC,, — (W —gSC, —T'sin(e, — )= E%
g

(3.62)

(3.63)

(3.64)

(3.65)

28



The moment around the center of gravity can be written as

Mo =Ig =M, +L[(xos —x,,)cos0— 7 Sinax |
+ Dz cOS@+ (X — X, )sin ]
+T[(27 ~ 206 )CO8 Oy — (Xp ~ X6 )Sin Gy ] (3.66)
- Fy [(xMG — X )SIN@+ {245 — zm)cosa’]
+F, [(ZMG ~ 206 )SING = (X — Xeg YOS Q]

where /c¢ is the moment of inertia about the pitch axis. Defining geometry terms as

A= (x5~ X, )CO080 — 7 SINE

B=z o8+ (xog — X, )sinex

E=(z; —zp5)0080; —(xp ~xpg)Sin X, (3.67)
G =2y — 2 ) SINA — (X5 — X JCOS&

L{(xps — Xoe )SIN O+ (24 — 206 ) COS &)
Then we obtain
lg@=M,+LA+DB+TE+F,G (3.68)
By substituting Eqs. (3.62) and (3.63) into (3.68), we have

I, =gS[EC, . +C,A+CoB~C,G)+TE+(W -Tsin(a, +))G
(3.69)

or*

1.o0= qs[?[q, o F [ac“ 2¢ ] 8. +[ ICo ] S, J
y 36
: (A G{CLW +( L] 6}" +( rr]
o 55) a1 (52) o) (25 )

+TE +(W - Tsin(e, +a))G

(3.70)
The stall speed at takeoff is given as
2w
P 3.71)
pSCL max, fe
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where W is the take-off weight and Cppa, is the maximum trimmed lift coefficient at
take-off condition. As the aircraft is required to start rotating at 1.1 of stall speed, Vg,;
therefore, the rotation speed, Vg, can be obtained as

Ve =11, (3.72)

As at the start of rotation, & = 0; therefore, the control defléction angle &, = & required
to rotate the aircraft at Vg can be calculated by setting Eq. (3.70) equal to zero, and all
derivatives are obtained from the aerodynamic module. Note that & is an aircraft setting
angle for the take-off ground run. After the nose wheel has lifted off, the aircraft
continues to rotate at constant d setting until it lifts off the ground. Note that the elevon
deflection for rotation & functioning as elevator must be less than half of the maximum
allowable deflection in order to allow for aileron function.
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3.7.4 Lateral and Directional Stability and Control
Lateral stability can be achieved by

C,, <0 (3.73)

where CLllsr is the change in rolling moment coefficient of the aircraft due to sideslip

angle 4. The sweepback angle and dihedral of the wing provide such the lateral stability.
The wing planform contribution to the rolling moment derivative due to sideslip C L, 18

given in ESDU 80033 [28] is considered to consist of the contribution of the planform
independent of wing sweepback and that of wing sweepback as

¢, =le, L +le, | (3.74)

The contribution due to sweepback is

*[Caﬂ]m,zfcm =%mp tan A, f (A) (3.75)
where
- 24+(4+ A" A%/8
)= 2+(;+Z‘WL)”2( _4+sz4+2(4+22;4)”2} (:76)
A = AsecA (3.77)
tan(A,,,) = 1an{A,,,) - i[ﬁ] (3.78)
4 1+ A

L}

The contribution of the wing planform without sweepback is

A

1 ~ f2(4) 3.79)

\ ._ [CL)SL f CLw

where

£ (A)=0.25+0:794 -0.34.4°

(3.80)
fo(Ay=0.05+0.081-0.041

The method can be applicable to various wing planforms through the use of the
equivalent wing planform concept.
The lateral or roll control is provided with elevons functioning as ailerons. The elevon

size for roll control is determined by the requirement to maintain wing level in
crosswind. For the crosswind condition, at equilibrium

(€ =0=BC, +C.y 30, (3.81)
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or
-C.,0, 2 BC, (3.82)

where C,, is the rolling moment derivative due to elevon deflection obtained from

aerodynamic module. As the elevon is employed as both elevator and aileron, the §, is
the allowable angle for aileron function. In this study, J, < 0.58,.. The elevon power
required to give the specified roll performance concerns with dynamic movement of the
aircraft with complex analysis; therefore, it will not be consider at this stage.

The outboard split-drag rudders are employed for the directional control for holding a
zero sideslip angle. The size of rudder is determined base on the worse-case condition

during landing and take-off in a crosswind ratio of 0.2 and sideslip angle of 8= 12°.
Considering the crosswind condition, at equilibrium

C,=0=C, f+C, 6, (3.83)
or
~C,5,0,2C, B (3.84)

where C'ﬂ‘ﬁ is the change in the yawing moment coefficient of the aircraft due to sideslip

angle, and C,; is the yawing moment coefficient due to the total split-drag rudder
deflection & including the upper and lower deflections.

For directional stability,

c, >0 (3.85)

By employing the equivalent wing, the empirical equation given in Raymer [22] is used
to estimate €, of a wing as

C, =C; - +6 =
7 4mA  A(A+4cosA,,,)

2 8cosA,, 3 A

2| 1 tan A, [co A - A A’ (x,, —Xgs) Sin Ay, H

(3.86)

The C,; is the yawing moment coefficient due to the total split-drag rudder deflection

& about the aircraft center of gravity. The yawing moment due to drag of the split
rudder is obtained from the aerodynamic module. In this study, the maximum half

rudder deflection (/2 < 20°.
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4. Case Studies and Discussions

4.1 Requirements

In this study, the requirements for AU designs are specified as closely as those publicly
available for Boeing X-45C. Likewise, the requirements for NU designs are specified as
closely as those publicly available for Northrop X-47B. Some misston and all point
performances, however, are assumed similarly to typical combat aircraft. The mission
and point performance requirements for AU and NU designs are given in Table 4.1 and
4.2. The requirement at the design point in which the aircraft is to trim without elevon
defiection is given in Table 4.3.

Table 4.1 Mission reguirement of AU and NU designs

Phase Code Altdtude Mach Datal Data2  Datad
Warm-up & Taxi 1 0.0 0.0 1.0 0.0 0.0
Takeoff 2 0.0 0.0 0.03 1.1 0.0
Climb 3 12200.0 0.80 0.0 0.0 0.0
Cruise 4 12200.0 0.80  2400km [AU) 0.0 0.0
3250 km [N}
Loiter/C.A.P. 7 12200.0 0.50 15.0 min 0.0 0.0
Descend 3 6000.0 0.50 0.0 0.0 0.0
Weapon drop 6 6000.0 0.50 (.50 (F-Pay) 0.0 0.0
Climb 3 12200.0 0.80 0.0 0.0 0.0
Cruise 4 12200.0 0.80 2400 km [A)] 0.0 0.0
3250 km [(NU}
Descend 3 0.0 0.3 0.0 0.0 0.0
Landing 8 0.0 Q.0 0.0 0.0 0.0
End mission 0 0.0 0.0 0.06 (F-Fuel) 0.0 0.0

Tg]gle 4.2 Performance reguirement of AU and NU designs

Phase Code Altitude Mach  Datal Data Data3 Datad  Data$ Datab
{F-Foel)  (F-Payload)

Takeolf 1 0.0 0.0 0.0 0.95 1.0 0.0 0.0 27500 m

Attained tarn 2 6000.0 0.70 1.0 0.50 1.0 0.0 0.0 260G

Sustained turn 3 6000.0 0.50 1.0 0.50 1.0 0.0 0.0 240G

Bustained turn 3 12200.0 080 1.0 0.50 1.G 0.0 0.0 23.0GC

J-anding 0 0.0 0.0 0.4 0.90 1.0 0.0 0.0 =750.0 m

Table 4.3 Requirement at the design point of AU and NU designs
Altitude (m) Mach  Fuel (F-Fuel) Payload (F-Payload)
12200.0 0.80 0.5 1.0
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4.2 Design Variables and Constraints

The formulation of MVO begins with identifying: a set of design variables X(1), the
objective function to be minimized and constraint functions G(I) to be satisfied. There
are 14 design variables and 37 constraints for AU design as listed in Table 4.4. For NU
design, 15 design variables and 40 constraints are involved as shown in Table 4.5. The
takeoff mass M,, is chosen as the objective function. The LSGRG2 optimizer then
searches for the optimum solution -the minimum takeoff mass- that satisfies all
constraints by altering the design variables. The values of design variables must not
violate their specified bounds, and the values of constraints must not be negative, i.e.
G(I) 2 0. The constraint is said to be active or binding when G(I) = 0, namely, the
optimum design is on the constraint bound. The moment about the center of gravity at
the design point, the fuel tank volume required and the difference between mission fue)
and fuel from fuel fraction are set as equality constraints to ensure practical and,
consistent designs; therefore, they are always binding. Examples of all input files
containing design variables, parameters and constraints, are given in Appendix B.

Table 4.4aDesign variables of AU design

X Design Variables ’
] Center chord (m)
2 Tipchord  (m)
3 Semi-span  {m)
4 Kink chord (m)
5 Kink statton  (y/b/2}
6 LE sweep angle  (deg)
7 TED constant chord ratio
8 Twist angle (deg)
9 Thrust scale factor
10 Fuel fraction
11 CG height above ground
12 Engine X-CG (fc)
i3 X-Main gear attachment (fc)
14 Fuel tank outer panel (y/b/2)
Note: fc = chordwise distance as fraction of local chord from leading edge

y/bf2 = spanwise distance as fraction of semi-span from centerline
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Table 4.4b Design constraints of AU design

G(I) Design Constraints G(I) Design Constraints
] Take-off mass [Objective Function] 20 Fuel tank volume required [=0]
2 Weapon bay & Nose gear bay 21 Mcg at design point [=0]
3 Rear spar & Weapon bay 22 Available angle to trim at landing
4 Intake & Front spar 23 Available angle at takeoff rotation
5 C/L TE & nozzle 24 Available angle 10 trim at attained wm
6 Static Margin at takeoff 25 Availabte angle to trim at sustained turn
7 Main gear & Front spar 26 Mission fuet - Fuel from fraction [=0]
8 Rear spar & Main gear 27 Mission Fuel: (thrust-drag)/thrust >0
9 Tipback angle at aft CG 28 Take-off ground distance
10 Tail down at wing tip 29 Attained turn Gs
11 Tail down at C/L 30 Sustained turn rate (Thruse>=Drag)
12 Max nose gear load (<15% MTQ) 31 Sustained wrn CL < CLtr,max
[3 Max main gear load (<90% MTO) 32 Sustained turn rate {Thrust»>=Drag)
L4 C/L TE & Kink TE 33 Sustained turn CL < CLir,max
15 Tip TE & Kink TE 34 Landing ground distance
16 Kink chord & Tip chord 35 Lateral stability [-dCL/dBeta >0}
17 Quter fuel tank & Inner station 36 Etevon (aileron): Cross-wind case
18 Max thickness available at C/L 37 Directional stability [dCN/dBeta >0]
19 38 Split-rudder sizing: Cross-wind case

Main gear bay & Kink station [=0]

Table 4.5a Design vanables of NU design
X{I) Design Variables

Center chord (m)

. 2 Tipchord ()
3 Semi-span ()
4 Kink chord (m)
5 LE inner sweep angle (deg)
6 LE outer sweep angle (deg)
v 7. TED constant chord ratio
8 Twist angle (deg)
9 Thrust scale factor
10 Fuel fraction -
Il CG height above ground
12 Engine X-CG (fc)
13 X-Main gear attachment {fc)
14 Fuel tank inner panel (y/b/2)
15 Fuel tank outer panet (y/b/2)
Note: fc _ chor nce as

= chordwise distance as fraction of local chord from leading edge
y/bf2 = spanwise distance as fraction of semi-span from centerline
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Table 4.5b Design constraints of NU design

G(nH Design Constraints
1 Take-off mass [Objective Function) 21 Kink station & QOuter fuel tank
2 Weapon bay & Nose gear bay 22 [nner sweep & Outer sweep
3 Rear spar & Weapon bay 23 Mcg at design point [=0)
4 Intake & Front spar 24 Available angle to trim at landing
3 C/A. TE & nozzle 25 - Available angle at takeoff rotation
6 Static Margin at takeoff 26 ‘Available angle to trim at attained turn
7 Main gear & Front spar 27 Available angle to trim at sustained turn
8 Rear spar & Main gear 23 Mission fuel - Fuel from fraction {=0}
8 Tipback angle at aft-CG 29 Mission Fuel: (thrust-drag)/thrust >0
10 Tail down at wing tip 30 Take-off ground distance
11 Tail down at C/L 31 Attained turn Gs
12 Max nose gear load (<15% MTQ) 32 Sustained turn rate (Thrust>=Drag)
13 Max main gear load (<90% MTQ) 33 Sustained turn CL < CLer,max
14 C/L TE & Kink TE 34 Sustained tura rate (Thrust>=Dragy
15 Tip TE & Kink TE 35 Sustained turn CL < CLtr,max
16 Kink chord & Tip chord 36 Landing ground distance
t7 Outer fuel tank & Inner station 37 Lateral stability [-dCL/dBeta >0}
8 Max thickness available at C/L 38 Elevon (aileron): Cross-wind case
9 Inner fuel tank & Main gear bay {=0] 39 Directional stability [dCN/dBeta >0}
20 Fuel tank volume required [=0] 40 Split-rudder sizing: Cross-wind case
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4.3 Case Studies

In this study, ten basic design cases with variation of minimum static margin ranging
from O to -20 are investigated as shown in Table 4.6. Note that the kink station for the
basic NU designs is fixed at a fraction of 0.4 of the wing semi-span.

Table 4.6 Design case studies

Design Cases  Minimum Static Margin (SM = % ¢ )

AUl & NU1 0
AUZ & NU2 -5
AU3 & NU3 -10
AU4 & NU4 -15
AUS & NU5 -20

In addition, an AU-X case is investigated to study the effects of the NU requirements on
the AU configuration; and two NU designs with the kink stations at fractions of 0.5 and
0.6 of semi-span are also studied, called NU-Ks cases. Symmetrical airfoils are used for
all design case with NACA 66-018, 64A010 and 64A008 applied at the center, kink and
tip stations, respectively.
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4.4 Results and Discussions

The optimum values of the design variables and constraints for AU designs are as
shown in Tables 4.7a and 4.7b; and those for NU designs are as shown in Tables 4.8a
and 4.8b, respectively. The bounds of design variables were specified to provide the
search limit for the optimum design, and several constraints were imposed to ensure the
practical design. -

As can be seen, all designs were driven by the static margin constraint at takeoff as seen
from G(6). Relaxing stability (more negative static margin or unstable) resulted in
smaller aircraft as indicated by X(/) to X(3), and lighter weight as shown by the
objective function G(7) which lead to smaller engines and less fuel required as seen
from X{(9) and X(I0), respectively. However, the benefit of ‘mass reduction was
decreased as the static margin was further relaxed as indicated by percentage reduction
in takeoff mass G(7) for both AU and NU designs.

The leading-edge sweep angle, employed typically to avoid drag rise at high subsonic
flight, was obtained with a very high value compared with typical subsonic aircraft as
indicated by X{6) for AU and X(5) for NU designs. The high sweep reduces
aerodynamic efficiency and increases structural weight. However, the highly swept;
wing design was obtained mainly due to the requirement of a large moment arm for
pitch stability and control. On the other hand, for NU designs, the outer wing sweep
X{(6) was kept smaller to provide better aecrodynamic efficiency for low speed flight
such as takeoff and Janding.

It can be seen that all structural clearance constraints such as G{2) and G{3) were all
binding (G(I) = 0) to keep minimum size and weight. All equality constraints are active
as expected. For AU designs, the engines were sized mainly based on the thrust required
for the attained turn requirement as seen from G{28), while the required thrusts for the
climb and attained turn requirements were the key design parameters driven the engine
size for NU designs as seen from G(29) and G(31). The wing arca was determined by
the landing requirement as seen from G(33) for AU designs and G(36) for NU designs.
The nose landing gear was attached at a fixed fraction of center chord close to the wing
apex and was sized to carry load not greater than 15% of the takeoff weight as seen
from the binding constraint G(12).

It can be seen that there were sufficient control powers for the elevons to tnim at
landing, attained turn and sustained turn; and for rotation at takeoff as indicated by
positive values of G(21) to G(24) for AU designs, and G(24} to G(27) for NU designs.
All designs were laterally and directionally stable as seen from G(34) and G(36) for AU
designs, and G(37) and G(39) for NU designs. There was sufficient elevon control
power for lateral control, and split-rudder control power for directional control in cross-
wind flight as seen from G{35)} and G(37) for AU designs and G(38) and G(40) for NU
designs. Note that the elevons and split-rudders were not sized to their minimum
dimensions. This is due to the constant fraction of chord and span of the elevons and
split-rudders specified by the user. For AU designs, the elevons and split-rudders had
equal span on the outer wing. For NU designs, the elevon was spanned over the inner
wing, and the split-rudder was spanned over the outer wing.
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Table 4.7a Design variables at the optimum AU designs

—_—

—_——

Design Variables Initial Lower  Upper AUl AU2 AU3 ALY ALS
X(I) Values Bounds Bounds sm>=0% sm >=-5% sm »=-10% sm >=-15% sm »>=-20%%
I. Center chord (m) 10.00 8.00 15.00 13.91 13.11 12.36 11.66 11.66
2. Tipchord  (m) 1.50 1.00 3.00 2.38 2.28 1.13 .00 1.00
1 Semi-span (m) 6.00 400 1500 14.96 11.40 10.23 8.23 7.85
4. Kink chord (m) 5.00 300 15.00 10.18 9.56 8.87 3.04 6.9
3. Kink station {y/bf2) 0.30 0.10 0.60 0.17 0.18 0.19 {1.24 0.25
0. LEsweepangle  (deg) 40.00 0.00 60.00 47.07 50.55 3146 53.05 54.35
7. TED constant chord ratio 0.30 0.25 0.30 0.25 0.25 0.25 (.25 0.25
8. Twist angle (deg) 0.00 -5.00 5.00 -1.75 -1.41 -1.29 -0.12 (.89
9 Thrust scale factor t.00 0.80 2.00 1.73 1.33 1.13 1.18 1.12
10, Fuel fraction 0.25 0.10 0.50 .38 0.38 0.37 0.35 0.34
1l. CG height above ground 1.20 0.50 2.50 2.50 2.06 1.65 [.26 1.26
[2. Engine X-CG (fc) 0.50 0.40 0.80 0.72 0.72 0.70 0.66 (.68
13. X-Main gear attachment {fc) 0.50 0.20 0.70 0.66 0.65 0.63 0.62 0.62
[4. Fuel tank outer panel (y/6/2) 0.9¢ 0.10 0.95 0.25 0.27 0.29 0.37 (.42
__Table 4.7b Design constraints at the optimum AU designs
R Design Constraints AUL AUZ _ AU AU N
[GiI) 2 0] sm>= 0% ¢ sm>=-5% C sm>=10% C sm > 18% € s >=-20% C
I. Take-off mass [Objective Function) "6(;4;0 )33 (I‘;gfg;i:) (I‘;{;{f ]293 (?46f :30;:'2 } {9‘:": 'j(;n/z J
2. Weapon bay & Nose gear bay 0.000 0.000 0.000 0.000 0.000
3. Rear spar & Weapon bay 0.000 0.000 (0.000 0.000 0.000
4. Intike & Front spar 7.019 6.501 5.971 5.086 5.374
5. C/LTE & nozzle 1.295 1.452 1.540 1.827 1.58%
6. Static Margin at takeoff 0.000 02.000 0.000 a0.000 f.000
7. Main gear & Front spar 4.634 4.265 31814 3.262 3350
8 Rear spar & Main gear 0.705 0.775 0.871 1.007 (1424
g Tipback angle at aft CG 0.208 0.249 0.286 0.321 0.321
10. Tail down al wing tip 0.000 0.000 0.000 0.000 0.000
). TH) down-at C/L 12.638 8.865 4.958 0.907 01.912
12. Mex nose gear load (<15% MTO) 0.000 0.000 0.000 (0.000 0.000
I3. Max main gear load (<90% MTQ) 5.000 5.000 5.000 3.000 3.000
14. C/L TE & Kink TE { 0.000 0.000 0.000 0,000 1012
I5. Tip TE & Kink TE 5.556 4.028 2.612 1.282 2.296
16. Kink chord & Tip chord 7.794 7.273 7.736 7.039 5911
17. Outer fuel tank & Inner station 1.128 1.006 0.976 1.037 1.329
18. Max thickness available at C/L 0.294 0.293 (.235 0.090 (115
19. Main gear bay & Kink station [=0] 0.000 0.000 0.000 0.000 0.000
20. Fueltank volume required [=0] 0.000 0.000 0.060 0.000 0.000
21. Mcg at design peint [=(0)] 0.000 0.000 0.000 0.000 0.000
22. Available angle 1o trim at landing 0.272 5,132 6.976 6.232 0.000
23. Available angle at 1akeoff rotation 0.272 5.132 6.976 6.232 0,000
24. Available angle to trim al attained turn 0.045 4.458 5.874 8.242 3.087
15. Available angle 1o trin at sustained 1urn 0.045 4.458 5.874 8.242 3.087
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Table 4.7b  (continued)

A4

Design Constraints ALy SEDH AUIE ) GRS L
[G(1)2 0] sm>=0% C sm >=-5% (' sm>=-10% ¢ sm >=-15% C sm >»=-20% C
26. Mission fuel - Fuel from fraction [=0] 0.000 0.000 0.000 0.000 0.000
27. Mission Fuel: {thrust-drag)/thrust >0 0.000 0.000 0.037 0.156 0.192
28. Take-off ground distance 0.222 0.202 0.212 0.309 0.362 I
29, Auained turn Gs 0.000 0.000 0.000 0.000 0.000 |
30. Sustained turn rate { Thrust>=Drag) 0.314 0.148 0.138 0.095 0.085 |
31. Sustained turn CL < CLtr.max 0.230 0.235 0.246 0.272 (1.344
32. Suvswuined lura rate (Thrust>=Drag) 0.155 0.000 0.000 0.000 0.000
33. Sustained turn CL < CLir,max 0.307 0.323 0.336 0.377 0.457 ,
34. Landing ground distance 0.000 0.000 0.000 0.000 0.083
35. Lateral stability [-dCL/dBeta >0] 0.0137 0.0187 0.0180 0.0230 0.0280
36. Elevon (aileron): Cross-wind case 0.0231 0.0186 0.0189, 0.0155 0.0148 =
37. Directional stability [dCN/dBeta 0] 0.0003 0.0004 0.0005 0.0007 0.0010 |
38. Split-rudder sizing: Cross-wind case 0.0012 0.00F1 0.0009 0.0008 40007 '
)
Table 4.84 Design variables at the optimum NU designs _
Design Variables Ioitisl  Lower  Upper NUT NU2 NU3 NU4 ]'\‘(.‘-5a
X Values Bounds Bounds sm>=0% sm »=-5% sm >=-10% sm >=-15% sm >=-20%
1. Center chord (m) 10.00 8.00 15.00 13.22 13.22 13.22 13.22 1328
2. Tipchord (m) .50 1.00 5.00 4.70 4.20 3.26 2.61 2.09
Y. Semi-span  (m) 6.00 4.00  15.00 14.11 11.71 11.21 10.90 10.66
4. Kink chord (m) 6.00 2.00 1500 5.03 4.20 3.26 2.61 2.08
5. LE inner sweep angle (deg) 40.00 0.00  60.00 51.86 55.51 56.38 57.17 60.00
6.  LE outer sweep angle (deg) 30.00  0.00 60.00 8.91 17.37 25.55 30.47 19.98
7. TED constant chord ratio 0.30 0.25 0.30 0.25 0.25 0.25 0.25 0.25
8. Twist angle (deg) 0.00 -5.00 5.00 -2.46 -1.67 -1.33 -1.15 -1.51
9. Thrust scale factor 1.00 0.60 2.00 1.25 1.00 0.86 0.77 0.7
10. Fuel fraclion 0.25 0.10 0.50 0.39 0.38 0.37 0.36 0.35
1. CG height above ground 1.20 0.50 2.50 1.46 1.46 1.46 1.46 1.46
12. Engine X-CG (fc) 0.50 0.40 0.80 0.48 0.53 0.58 0.60
13. X-Main gear attachment (fc) 0.50 0.20 0.70 0.59 0.59 0.59 (.59
14. Fuel tank inner panel (y/b/2)} 0.30 0.10 0.95 0.14 0.17 0.18 0.18
I5. Fuel tank outer punel (y/b/2) 0.50 0.10 0.95 0.22 0.26 0.28 0.29
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Table 4.8b Design constraints at the optimum AU designs

Design Constraints NUL NU2Z N3 NU4 NUS

[G() 2 0] sm>=08%C  sm>=5%C  sm>=10%C  sm>=18%C  sm>=20%¢C

. . 16533, 135452 11960.44 180971.12 10215.80

1. Take-off mass [Objective Function) (g% )68 {- ;3_57%‘:5) (-27.;’6%) {-33.;4%) m
2. Weapon bay & Nose gear bay 0.000 0.000 0.000 0.000 0.000
3. Rear spar & Weapon bay 0.000 0.000 0.000 0.000 0.000
4. Intake & Front spar 2.296 3.118 3714 4.097 4210
5. C/LTE & nozzle 2.821 2.480 2.167 1.978 2.023
6. Static Margin at takeoff 0.000 0.000 0.000 0.000 0.660
7. Main gear & Front spar 3.457 3.309 3.327 3.321 3.072
8. Rear spar & Main gear 1.919 1.665 1.394 1.221 1.318
9. Tipback angle at aft-CG 0.303 0.303 0.303 0.303 0.303
10. Tail down at wing tip 0.000 0.000 0.003 G.000 4.933
11, Tait down at C/L 0.000 0.000 0.000 0.000 0.000
12. Max nose gear load (<15% MTQ) 0.000 0.000 0.000 0.000 0.000
i3. Max main gear load (<90% MTQ) 5.000 5.000 5.000 5.000 5.000
14. CA.TE & Kink TE 0.000 1.198 2.217 2.849 2,747
15. Tip TE & Kink TE 1.000 2.198 3.216 3.849 2.325
16. Kink chord & Tip chord 0.328 0.000 0.000 0.000 0.000
17. Quter fuel tank & Inner station 1.042 1.075 1.097 1.124 1,158
§8. Max thickness available at C/L 0.000 0.150 0.233 0.290 0.335
19. Inner fuel tank & Main gear bay [=0] 0.000 0.000 0.000 0.000 0.000
20. Fuel tank volume required [=0] 0.000 0.000 0.000 0.000 0.000
21. Kink station & Quter fuel tank 2.562 1.597 1.390 1.251 1.127
22. Inner sweep & Outer sweep 42943 38,139 30.825 26.700 40.018
23. Mcg at design point [=0] 0.000 0.000 0.000 0.000 0.000
24. Available angle to trim at landing 0.178 3.834 4.770 5.905 5.842
25, Available angle at takeoff rotation 0.178 3.834 4.770 5.905 5842
26. Available angle 10 trim at attained turn 0.000 - 3.072 3.319 3.829 3.393
27. Available angle to trim at sustained turn 0.000 3.072 3319 3.829 3.393
28. Mission fuel - Fuel from fraction [=0] 0.060 0.000 0.000 0.000 0.000
29. Mission Fuel: (thrust-drag)/thrust >Q 0.000 0.000 0.000 0.000 0.000
30. Take-off ground distance 0.200 0.179 0.164 0.150 0.137
3. Aqained turn Gs 0.000 0.000 0.000 G.000 0.000
32. Sustained turn rate (Thrust>=Drag) 0.275 0.157 0.154 0.151 0.149
33. Sustained turn CL < CLir,max 0.288 0.295 0.29% 0.299 0.310
34. Sustained turn rate {Thrusi>=Drag) 0.110 0.000 0.000 0.000 0.000
35. Sustaincd turn CL < CLtr,max 0.377 0.392 0.401 0407 0.424
36. Landing ground distance 0.000 0.000 0.000 0.000 0.000
37. Lateral stability [-dCL/dBeta >0} 0.0169 0.0238 0.0252 0.0263 0.0258
38. Elevon (aileron): Cross-wind case 0.0106 0.0081 0.0085 0.0088 0.0095
39. Directional stability [dCN/dBeia »0] 0.0004 0.0005 0.0007 0.0008 0.0009
40. Split-rudder sizing: Cross-wind case - 0.0021 0.0019 0.0017 0.0015 0.0013

41



The total mass and component mass were listed in Table 4.9 for AU designs and Table
4.10 for NU designs. It can be seen that relaxing static margin has more impact on the
takeoff mass of AU designs than NU designs. The wing geometry and mass breakdown
are given in Tables 4.11 and 4.12 for AU and NU designs, respectively. The wing mass
was estimated based on aluminium material. A factor of 0.8 was applied to the wing
mass to account for the composite wing design employed in this study as suggested in
Raymer [22). The equivalent wing planform was used .for aerodynamic drag and
stability evaluations. ‘

The component center of gravity (CG) and the excursion of center of gravity were
calculated and given in Tables 4.13 and 4.14. As the aircraft CG location has significant
impact on the required static margin, the payload CG and fuel CG were enforced to
locate at the operating empty mass CG to avoid CG movement during flight. Therefore,
the forward and aft CG limits are identical. A number of internal packaging constraints
were imposed to ensure CG consistency. The dimensions of landing gear bay and ™
engine bay were calculated and given in Tables 4.15 and 4.16. These were used as b
design constraints for internal packaging to ensure practical design. An example of
misston fuel estimation is given in Table 4.17 for AU3 design.

An additional AU design called AU-X was investigated with the same requirement ag
the NU3 design. The optimum design of the AU-X is given in Table 4.18. It can be seen
that the AU-X design had much larger weight than the NU3 design. This indicated that
the single leading-edge cranked planform of NU was more (aerodynamically) efficient
than the straight leading-edge planform of AU for longer range or larger aircraft.

Further NU design cases with variation of kink stations called NU-Ks were investigated
and the optimum designs are as shown in Table 4.19. It can be seen that the shorter the
kink station, the smaller (and lighter) the aircraft. The shorter kink station indicates the
longer outer-wing span and larger area. With the larger wing area of the outer wing
associated with smaller sweep compared with the inner-wing sweep, the wing planform
is more aerodynamically and structurally efficient; and more adaptable to achieve
stability requirement leading to lighter and smaller design.
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Table 4.9 Mass breakdown of the OEtimum AU designs

Al A2 AL3 AlU4 AUS
Mass Breakdown (kg) sm>=0%C sm>=5%C sw>=I0% L  sme>=15%C  sm>=20%C
Engine + Fuel system 211143 157848 1328.67 1387.78 1311.63
Payload 2040.00 2040.00 2040.00 2040.00 2040.00
Communication + Data system 80.00 80.00 80.00 80.00 80.00
Hydraulics + Flying control 330.83 261.79 220.30 193.86 180.97
Avionics + Instruments + Elecirics 496.24 392.68 330.46 290,78 271.45
Air condition + De-icing 165.41 130.89 110.15 96.93 90.48
Fumnishing 165.41 130.89 110.15 96.93 90.48
Landing gear 1788.18 1426.11 1132.86 883.19 868.11
Fue) mass 6361.26 4939 75 4035.13 3375.39 3038.57
Wing structure 3002.56 2108.68 1627.52 1247.93 1076.74
Takeoff mass, Mto 16541.33 13089.27 11015.24 9692.78 9048.43
Zero fuel mass, Mzf 10180.077 8149.52 6980.11 6317.39 6009.86
Zero payload, Mzp 14501.33 11049.27 8975.24 7652.78 7008.43
Operating empty mass, OEM 8140,07 6109.52 4940,11 4277.30 3969.86

Table 4.10 Mass breakdown of the oEtimum NU dcsigns

NU1 NU2 NU3 NU4 NU35
Mass Breakdown (kg) sm>=0%C sm >=-5% € sm»=-10% C sm »=.15% C s >=-20% ¢
Engine + Fuel system 2566.85 1992.37 1695.58 1510.15 1368.64
Payload 2040.00 2040.00 2040.00 2040.00 2040.00
Communication + Data system 80.00 80.00 80.00 80.00 80.00
Hydraulics + Flying control 330.67 27091 239.21 21942 204.32
Avionics + Instruments + Electrics 496.01 406.36 358.81 329.13 306.47
Air condition + De-icing 165.34 135.45 119.60 109.71 102,16
Furnishing 165.34 135.45 119.60 109.71 102.16
Landing gear 1136.77 1080.64 1047.03 1024.32 1005.93
Fuel mass 6523.88 5204.75 4446.57 3963.45 3589.30
Wing structure 3028.82 2199.31 1814.04 1585.22 1416.82
Takeoff mass, Mio £6533.68 13545,25 11960.44 10971.12 10215.80
Zero fuel mass, Mzf 10009.80 8340.50 7513.87 7007.67 6626.50
Zero payleoad, Mzp 14493.68 11505.25 9920.44 8931.12 28175.80

Operating empty mass, OEM 7969.80 6300.50 5473.87 4967.67 4586.50
-

o
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Table 4.11 Wing geometry and mass of the optimum AU designs

Wing Geometry AUl AU2 AU3 AU4 AUS

Wing span (m) 29.92 22.79 20.46 16.46 15.70
Kink span (m) 5.08 4.19 3.97 3.94 3.93
LE Sweep (deg) 18.82 20.26 20.60 22.34 10.46
1/2 Sweep (deg) 18.82 2026 | 2060 22.34 10.46
t/c center-line 0.18 0.18 0.18 0.18 0.18
t/c kink Q.10 0.10 0.10 0.10 Q.10
t/c tip 0.08 0.08 0.08 0.08 0.08
Center-line chord (m) 13.91 13.11 12.36 11.66 11.66
Kink chord (m) 10.18 9.56 8.87 8.04 6.91
Tip chord {m) 2.38 2.28 1.13 1.00 1.00
Wing area, inner (m?) 61.22 47.5] 42.16 38.83 36.46
Wing area, outer (m?) 15596  110.13 82.40 56.58 46.56
Wing area, total (m?) 217.18 157.64 124.56 95.40 83.02
Quter wing area ratic 0.72 0.70 0.66 0.59 0.56
LED area (m?) 0.00 0.00 0.00 0.00 0.00
Elevon area (m’) 25.54 17.99 14.29 9.83 7.99"
Split-rudder planform area (m®) 13.45 9.54 6.31 432 3.65
Max Tensile stress (MPa) 350,00 350.00 350.00 350.00 350.00
Max Comp stress (MPa) 253.85 239.42 229.32 222.10 218.32
Rho*g, Al (kN/m") 28.00 28.00 28.00 28.00 28.00
Material for bending (N) 566643 292199  2016.16  1265.11 968.94
Material for shear (N) 2868.98 1840.11 1449.02 1055.05 895.65
Fuel relief factor at Kink 017 0.t7 0.t6 0.16 0.15
Fuel relief factor at Cenier-line 0.29 0.29 0.29 0.31 0.30
Structure relief factor at Kink (.09 0.09 0.08 0.07 0.07
Structure relief factor at Center-line 0.12 0.12 0.12 0.12 0.11
Total relief at Kink 0.74 0.74 0.75 0.77 0.78
Total relief at Center-line 0.57 0.56 0.57 0.56 0.56
Rib weight (N) 17980.73  12829.31 9838.55  7561.87  6433.17
Ideal box weight, inner (N) 9764.14  6970.12 5877.30 5084.58  4583.13
Ideal box weight, outer (N) 13828.65 897250 6235.11 396070 3051.72
Ideal box weight, total (N) 2359279 15942.62 2112.41 0045.28 7634.85
Total penalty weight (N) 2746.68  2269.02 199341 [832.02 1710.15
Fixed LED&TED weight {N) 324430  2567.24 216045 190107 177470
LED weight (N) 0.00 0.00 0.00 0.00 0.00
Elevon weight {N) 376278  2627.66 2073.51 1420.01 1152.61
Split-rudder weight (N) 345975 244229 1610.87  1099.14 926.66

Total wing mass (kg)‘ 3002.56  2108.68 1627.52 124793  [076.74



Table 4.11 (continued)

Wing Geometry AUl AU2 A3 AUM4 AUS
Equivalent Wing Planform:
Tip chord 2.38 228 [.13 .00 1.00
Root chord 12.14 11.55 11.05 10.59 9.58
Taper ratio 0.20 0.20 0.10 0.09 0.10
Geometric mean chord T7.26 6.92 6.09 5.80 5.29
Aerodynamic mean chord, ¢ 8.35 7.95 743 7.12 6.45
Aspect ratio 4.12 3.30 3.36 2.84 2.97
Wing area 217.18 157.64 [24.56 95.40 83.01
LE sweep {deg) 47.07 50.55 51.46 53.05 54.35
144 sweep (deg) 42.37 45.34 4537 46.07 48.27
1/2 sweep (deg) 36.84 38.97 37.62 36.75 40.29

Table 4.12 Wing geometry and mass of the ogtimum NU designs

Wing Geometry NU1 NU2 NU3 NU4 NUS
Wing span (m) 2823 23.42 2242 21.80 21.31
Kink span {m) 11.29 9.37 8.97 8.72 8.52
Fixed kink station (y/b/2) 0.40 0.40 0.40 0.40 0.40
LE Sweep, inner {dcg) 51.86 55.51 56.38 57.17 60.00
LE Sweep, outer (Deg) 8.91 17.37 25.55 30.47 19.98
1/2 Sweep, inner {deg) 28.73 26.25 2t.47 18.46 23.10
112 Sweep, outer {deg) 7.83 17.37 25.55 3047 19.98
e center-line 0.18 0.18 0.18 0.18 0.18
t/c kink 0.10 0.10 0.10 0.10 0.10
talip 0.08 0.08 0.08 (.08 (.08
Center-line chord (m) 13.22 13.22 13,22 13.22 13.22
Kink chord {m) 5.03 4.20 3.26 2.61 2.09
Tip chord () 4,70 4.20 3.26 2.61 2.09
Wing area, inner (m”) 103.03 81.62 73.88 69.03 65.25
Wing area, outer (m?) 82.42 59.08 43.84 34.16 26.71
Wing area, total (m%) 185.44 140.69 117.72 103.19 51.96
Quter wing area ratic 0.44 0.42 0.37 0.33 0.29
LED area (m’) ' 0.00 0.00 0.00 0.00 0.00
Elevon area (mz) 17.65 13.28 11.89 11.04 10.39
Spiit-rudder planform area (m» 20.60 14.77 10.96 8.54 6.68
Max Tensile stress (MPa) 350.00 350.00 350.00 350.00 350.00
Max Comp stress {MPa) 253.82 241.48 234.00 22909 225.04
Rho*g, Al (kN/m?) 28.00 28.00 28.00 28.00 28.00
Maierial for bending (N) ' 7290.20 4106.70 3123.43 2612.50 2306.98
Material for shear (N) 2668.09 [885.27 1614.22 1463 89 1364.59
Fuel relief factor a1 Kink 0.00 0.00 0.00 0.00 0.00
Fuel relief factor a1 Center-line 0.18 0.17 S 017 0.16 0.16
Suucture relief factor at Kink 0.06 0.05 0.05 0.04 0.04
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Table 4.12 (continued)

Wing Geometry NU1 NU2 NU3 NU4 NU5

Structure relief factor at Center-line 0.12 0.12 0.11 0.10 0.10
Total relief factor at Kink 0.94 0.95 0.95 0.96 0.96
Toral relief factor at Center-line 0.69 0.70 .71 0.72 0.73

Rib weight (N) 15872.06 11803.34 9707.01 8463.85 7558.00
Ideal box weight, inner (N) 1678943 1203018  10315.19 9328.79 8753.83

Igeal box weight, outer (N) 6347.09 4214.10 2983.50 2280.46 1645.57

Ideal box weight, total (N) 23136.52 1624428  13298.69 11609.25  10399.40
Total penalty weight (N) 2848.16 2333.36 2060.35 1889.93 175981

Fixed LED&TED weight (N) 3242.80 2656.67 2345.84 2151.80 2003.65
LED weight (N} 0.00 0.00 0.00 0.00 0.00
Elevon weight (N) 2599.19 194148 173132+ 1602.50 1503.53
Split-rudder weight {N) 53G1.5] 3784.06 2800.8 2178.64 1701.39

Total wing mass (kg) 3028.82 2199.31 1814.04 1585.22 1416.82 :
Equivalent Wing Planform:

Tip chord 4.70 4.20 3.26 2.61 2.09
Root chord 8.44 7.81 7.24 6.85 6.54
Taper ratio .56 0.54 0.45 0.38 0.32'
Geometric mean chord 6.57 6.01 5.25 473 4.31

Aerodynamic mean chord, ¢ 6.75 6.19 5.50 5.05 4.70
Aspect ratio 430 3.90 427 4.61 4.94
Wing area 185.44 140.69 117.72 103.18 91.96
LE sweep (deg) 41.07 46.23 48.61 50.28 51.10
1/4 sweep (deg) 38.84 44.04 46.28 4789 48.62
1/2 sweep (deg) _ 36.47 41.67 43.74 45.26 45.86
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Table 4.13 Component of gravity locations of the optimum AU designs

Aircraft CG from Wing Apex (m) AUl AU2 AU AUd AUS5
Nose gear 4.53 4.15 3.80 3.46 346
Main gear 7.88 7.42 7.00 6.60 6.60
Avionics, Instruments, Electrics 378 3.62 3.47 3.33 333
Communication, Data system 3,78 3.62 3.47 3.33 333
Flying control, Hydraulic system 12.51 11.36 $0.28 9.34 8.91
Air condition system 3.78 3.62 347 3.33 333
Furnishing 3.78 3.62 347 333 3.33
Engine 10.05 9.37 8.69 7.67 7.96
Weapon bay 8.26 7.65 7.09 6.57 6.57
Fuel tank 3.26 7.65 7.09 6.57 6.57
Wing structure 8.26 7.66 7.04 6.59 6.33
Wing structure (% ¢C ) 25.08 29.35 32.31 37.28 37.01
Operating empty mass, OEM 3.26 7.65 7.09 6.57 6.57
Zero fuel mass, MZF 826 7.65 7.09 6.57 6.57
Zero payload mass, MZP 8.26 7.65 7.09 6.57 6.57
Takeoff mass, MTO 8.26 7.65 7.09 6.57 6.57
Design Point CG 8.26 7.65 7.09 6.57 6.57
Aft CG 8.26 7.65 7.09 6.57 6.57
Forward CG 8.26 7.65 7.09 6.57 6.57
Static Margin at Design Point (BT ) 0.00 -0.05 -0.10 -0.15 -0.20
Static Margin at MTO (% ) 0.00 -0.05 -0.10 -0.15 -0.20

.

%
L3

47



Table 4.14 Center of gravity locations of the optimum NU designs

Aircraft CG from Wing Apex (m) NU1 NU2 NU3 NU4 NUS5
Nose gear 3.87 387 3.37 3.87 3.87
Muain gear 7.04 7.04 7.04 7.04 7.04
Avionics, Instruments, Electrics 3.64 3.64 3.64 3.64 3.64
Communication, Data system 3.64 364 3.64 .64 164
Flying control, Hydraulic system 10.86 10.41 10.06 9.84 971
Air condition system 3.64 3.64 3.64 3.64 3.64
Furnishing 3.64 3.64 3.64 3.64 3.64
Engine 6.35 7.07 761 7.95 8.03
Weapon bay 7.08 7.08 7.08 7.08 7.08
Fuel tank 7.08 7.08 7.08 7.08 7.08
Wing structure 8.45 8.03 7.67 7.45 7.48
Wing structure (% ¢ ) 43.07 42.20 40.98 4057  ° 427%
Operating empty mass, OEM 7.08 7.08 7.08 7.08 7.08
Zero fuel mass, MZF 7.08 7.08 7.08 7.08 7.08
Zero payload mass, MZP 7.08 7.08 7.08 7.08 708
Takeoff mass, MTO 7.08 7.08 7.08 7.08 7.08
Design Point CG 7.08 7.08 7.08 7.08 7.08
Aft CG 7.08 7.08 7.08 7.08 7.08
Forward CG 7.08 7.08 7.08 7.08 7.08
Static Margin at Design Point (% z) 0.00 -5.00 -10.00 -15.00 -20.00

0.00 -5.00 -10.00 -15.00 -20.00

Static Margin at MTO (%C )
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Table 4.15 Component sizing of the optimum AU designs
AUl AU2 AU3 A4 AUS

Weapon Bay
(2 JDAMSs GBU-31}
Payload mass (kg) 2040 2040 2040 2040 2040
Bay length (m) 3.75 3.75 335 375 3.75
Bay depth (m) 0.75 0.75 0.75 0.75 0.75
Bay width (m) 1.4 1.4 1.4 1.4 1.4

Landing Gear Design
X-Nose gear aitachment 3.28 3.12 2.97 2.83 2.83

Static load (9%5MTO) 15.00 15.00 15.00 15.00 15.00
Tyre diameter (m) 0.50 0.45 0.42 0.39 0.38
Tyse width {m) 0.16 0.14 0.13 0.12 0.12
Bay length (m) 2.90 2.46 2.05 1.66 1.66
Bay depth (m) 0.65 0.58 (.54 0.51 .50
Bay width (m) 0.47 0.42 0.39 0.37 0.36
X-Main gear attachment 0.13 8.45 7.82 7.23 7.23
Y-Main gear attachment 2.20 .79 1.70 1.70 1.70
Static load (%MTQ) 85.00 85.00 85.00 85.00 85.00
Tyre diameter (m) 0.78 0.71 0.65 0.62 0.60
Tyre width (m) 0.24 0.22 0.20 0.19 0.19
Bay length (m) 3.30 2.86 2.45 2.06 2.06
Bay depth (m) 0.98 0.88 0.82 0.77 0.75
Bay width {m) 0.68 0.62 0.57 0.54 0.53

s Engine Sizing

Thrust scale factor 1.73 1.33 1.13 [.18 1.12
Engine diameter (m) 1.16 1.02 0.94 0.96 0.93

length  (m) 2.81 2.53 2.38 242 2.37
@ninstalled mass (kg) 1508.17 112749 94905 991.27 93688
pstalled mass (kg) 211143 157848 132867 138778 1311.63

Thrust takeoft (kIN} 84.58 64.93 55.51 57.75 54.87




Table 4.16 Component sizing of the optimum NU designs

NU1 NU2 NU3 NU4 NUs

Weapon Bay
{2 JDAMs GBU-31)
Payload mass (kg) 2040 2040 2040 2040 2040
Bay length (m) 3.75 3.75 3.75 375 3.75
Bay depth (m) 0.75 0.75 0.75 0.75 0.75
Bay width (m) 1.4 1.4 1.4 14 - 14

Landing Gear Design
X-Nose gear auachment 314 3.14 3.14 3.14 .14

Static load (%MTO) 15.00 15.00 15.00 15.00 15.00
Tyre diameter (m) 0.50 0.46 043 0.42 0.40
Tyre width (m) 0.16 0.14 0.14 0.13 0.13
Bay length (m) 1.86 1.86 1.86 1.86 1.86
Bay depth (m) 0.65 0.59 0.56 0.54 0.53
Bay width (m) 0.47 0.43 0.41 0.39 0.38

X-Main gear antachment 7.7 7.77 7.77 177 177

Y-Main gear attachment 1.70 1.70 1.70 170 1.70
Static load (%eMTOQ) 85.00 85.00 85.00 85.00 85.00
Tyre diameter (m) 0.78 0.72 0.68 0.65 0.63
Tyre width (m) 0.24 0.22 0.21 0.20 0.20
Bay length (m) 2.26 2.26 2.26 2.26 2.26
Bay depth (m) 0.98 0.90 0.85 0.82 0.79
Bay width (m} (.68 063 039 0.57 0.53
Engine Sizing

Thrust scale factor 1.25 1.00 0.86 0.77 0.71
Engine diameter {m) 1.32 1.18 1.10 1.04 0.99

length  (m) 546 4.98 4.69 4.50 434
Uninstalled mass (kg} 1833.46 142312 1211.13 1078.68 977.60
Installed mass (kg) 2566.85 199237 169558 1510.15 1368.64

Thrust takeoff (kN) 81.80 64.97 56.11 50.50 46.18




Table 4.17 Mission fuel of the AU3 design

Mission Phase Total Time Total Mass  Fuel Consumption  Fuel Fraction Total
(min) (kg) at each phase (kg)  at each phase  Distance (km)

1. Warm-up & Taxi 1.00 10946.01 69.24 0.9937 0.00
2. Takeoff 1.26 10928.09 17.92 0.9984 0.00
3. Clime 13.92 10603.86 32423 0.9703 0.00
4. Cruise 183.37 8962.40 1641.45 0.8452 2400.00
5. Loiter/C.AP. 198.37 8871.40 91.00 0.9898 2400.00
6. Descend 199.05 8869.02 2.39 0.9997 2400.00
7. Weapon drop 189.15 7849.02 0.0000 0.0000 2400.00
8. Climb 208.23 774345 105.57 0.9866 2400.00
9. Cruise 377.68 622772 1515.73 (.8043 4800.00
10. Descend 379.82 6219.61 8.11 0.9987 - 4800.00
t1. Landing 383.55 6188.52 L10 0.9950 4800.00
12. End mission 383.55 6188.52 0.00 0.0000 4800.00

Table 4.18 The optimum AU-X design

Design Variables AU-X
1. Center chord (m) 12.35
2. Tip chord (m) 1.00
3. Semi-span  (m) L1.44
4. Kinkchord (m) 9.07
5. Kinkstation (y/b/2) 0.18
6. LE sweep angle ideg) 48.51
7. TED constant chord ratio 0.25
8. Twist angle (deg) -1.21
9. Thrust scale factor 0.98
10. Fuel fraction 0.39
11. CG height above ground .64
12‘. Engine X-CG (fc) 0.68
13. X-Main gear attachment (fc) 0.63
14. Fuel tank outer panel (y/b/2) 0.28
Performance requirement As in NU design
§eference engine P&W: FIOO-PW-220E
Hatic Margin at MTO (% ) 10.0

Takeoff mass (kg) 13163.89
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Table 4.19 The oetimum NU-Ks designs '

Design Variables NU (sm >=-10% T }

- Ks=04 Ks=05 Ks=0.6
i. Center chord (m) 13.22 13.22 13.22
2. Tipchord (m) 3.26 3.02 2.63
3. Semi-span (m) 11.21 11,38 11.48
4. Kink chord {m) 3.26 3.02 2.63
5. LE inner sweep angle (deg) 56.38 5351 52.24
6. LE outer sweep angle (deg) 25.55 23.76 10.00
7. TED constant chord ratio 0.25 0.25 0.25
8. Twist angle {deg) -1.33 -1.60 -1.97
9. Thrust scale factor 0.86 0.91 0.95
10. Fuel fraction 0.37 0.38 0.38
11. CG height above ground 1.46 1.46 1.46
12. Engine X-CG (fc) 0.58 0.55 0.52
13. X-Main gear attachment {fc) 0.59 0.59 0.59
14. Fuel tank inner panel (y/b/2) 0.18 0.18 0.17
[5. Fuel tank outer panel (y/b/2) 0.28 0.25 0.24
Takeoff mass (kg) ' 1196044  12547.69 12960.14

Note Ks = the kink station as the fraction of semi-span wing from the centerline



The aerodynamic loads of AU3 and NU3 designs are as shown Figs. 4.1 and 4.2,
respectively. It can be seen from Figs. 4.1a and 4.2a that the total lift coefficient of the
basic wing (i.e. wing without control deflection) at the design point is the sum of lift
coefficients due to the wing camber, twist and angle of attack of a given planform. Note
that there is a slightly bumpy rise at the outboard section of the NU3 basic wing as
shown in Fig. 4.2a. This is mainly due to the smaller sweep at the outboard wing
providing an increase in lift coeffictent. The contributions of elevons functioning as
ailerons are as shown in Figs. 4.1b and 4.2b. As can be seen, the lift contribution of
elevons had major influence at the inboard section where they were located resuiting in
a positive lift on the port, and negative lift on the starboard wing causing roil. The
contributions of elevons functioning as elevators at takeoff are given as shown in Figs.
4.1c and 4.2c. Note that the total lift coefficients for each flight condition are used to
obtain control derivatives for stability and control estimations.

For a stealthy design, the sharp leading edge of the wing is preferred to the rounded
leading edge to reduce the radar cross section (see Boeing X-45C and Northrop X-47B).
The combination of sharp leading edge and high swept planform can produce the
leading-edge vortices that enhance the lift at high angle of attack, and increase the stall
angle as explained in Anderson {29]. However, due to the complex aerodynamic
characteristics and lack of reliable estimation, the leading-edge vortices are not
considered. In this study, the stall angle with control deflection was assumed
conservatively to be 12° and the aerodynamic lift and drag were estimated on the basis
of typical rounded ieading-edge wing.

The convergence histories of takeoff mass (the objective function) and static margin
constraint (G(6) 2 0) of the AU3 design are illustrated in Figs. 4.3 and 4.4, respectively.
[t can be seen that 46 iterations driven by the LSGRG2 optimizer were required to
achieve the optimum design, i.e. minimized takeoff mass. It also shows a strong
inﬂ,uence of the static margin on the takeoff mass. The static margin constraint was first
satisfied at the 24" iteration that the takeoff mass was also increased considerably. After
that the takeoff mass was relatively constant as the static margin was tied to its lower
bound, i.e. G(6) = 0. Note that a realistic starting point of the design was generally
preferred in order to avoid divergence and to reduce computational time during the
optimization process. According to the results obtained from the design tool, the
ogtimum configurations of AU3 and NU3 designs are modeled as illustrated in Figs. 4.5
and 4.6, respectively. The average computational time to obtain an optimum design was
about 180 minutes on Intel Pentium 4, CPU 3.00 GHz and 1.00 GB of RAM.
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Fig. 4.1 Lift coefficient distribution of the AU3 design.
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